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NATTORAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORARDUM

TURBOJET FROPULSION-SYSTEM RESEARCH AND THE RESULTING
EFFECTS ON ATRPLANE FPERFORMANCE

By Addison M. Rothrock

INTRODUCTION

For a period of ten to £fifteen years intensive research and develop-
ment has been conducted on turbojet propulsion systems for aircraft.
During this period much hss been learned about the systems both from the
standpoint of current ussge and of future development possibilities. It
is the purpose of this report to discuss the current status of the turbo-
Jet engine as produced in the United States and to discuss the future
possibilities for improvement in the engine and in the fuel. The engine
and fuel improvements will be evaluated both from the standpoint of proba-
bility of success in obtaining these improvements and from the standpoint
of the effects of these improvements on the sirplane performance.

In considering the resulting advances in elirplane performance, a
further comparison will be made of the extent to which improvemept in
fgsctors of the sirplane not in the purview of the propulsion system de-
signer will result in equal or better improvements in aircraft perform-
ance. It will be preferable hefore examining the advances that can be
made in the propulsion system to determine these relative effects.

There are seven major propulsive-system factors that affect alrpiasne
performance. These are: (1) heat of combustion of the fuel, (2) demsity
of the fuel, (3) efficiency of the engine, (4) specific weight of the
engine, (5) specific area (square feet of frontal area per pound of
thrust) of the engine, (6) stress Iimitation of the engine in terms of
maximum permissible pressure losding of engine parts, and (7) maximum
ambient temperature at which the engine can operate satisfactorily. For
the range of airplene performence covered in this report and for the fuels
considered, fuel-density (which determines the volume occupied by a given
fuel weight) effects are of secondary importence and will not be consid-
ered. The effect of engine specific area on airplane performance is de-
pendent on the installation of the engine in the airplane and of itself
may or may not affect the airplane performance. Since this effect is
dependent on the particular airplane design, it will not be considered
in relating the engine performance to the airpl rformsnce. -
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Three major alrplane factors that do not come under the purview of
the propulsion-system designer will be considered. These are: (1) 1lift-
drag ratio of the airplene, (2) percentage of gross airplane welght that
is militery load (defined herein as weight of the pilot, the armor, the
armement, and the guidance system), and (3) percentage of gross airplane
welght that is airframe (defined herein as gross weight of the airplane
less military load, installed engine or power plant welght, and fuel

weight ).

The 10 airplane end propulsion-system factors conslidered together
with the symbols used are:

L/D lift-drag ratio of the airplane (considered heréin as the L/D
rgtlio of the trimmed alrplane in level flight at the gltitude
and speed under consideration)

We/Wg ratio of fuel loed to gross welght

wm/wg ratio of military losd to gross weight

Wa_f/Wg ratio of airframe welght to gross weight

We/wg ratio of insetelled power plant weight to gross weight
b heat of combustion of the fuel
Ne over-all efficiency of the engine, that is, the ratio of work

done on the airplane (thrust time distance flown) to thermal
energy of the fuel consumed in flying the ddlstance

Weng/F  specific engine welght, which is the ratio of engine welght to
thrust produced

APmax maximum permlisslble engine pressure loading.(such &8s hoop
stress) .

Trax meximum permissible stagnation (total) temperature

For a specific alrplane, certain of these varisbles remain constant
regerdless of airplene mission: heat of combustlon of the fuel h,
welght of the ailrframe Wgp, weight of the Installed power plant or en-

gine Wy or W, eng maximum permissible engine pressure loading APpoxs

and maximum permissible stagnation temperature T,,,. For & particular
mlssion, militery load can be consldered constant over considerable por-
tions of the flight. The remaining factors vary during a f£light. Fuel
welght Wp and gross weight Wy decrease contimuously as fuel 1s con-
sumed. Engine eff ncy 1 thrust produced F, and airplane drag D
vary during the fli!%%"—ﬁu in_ng preordered manner. Each of these three
parameters is at any instant a function oF-the - 1j@antaneous values of
alrplene speed, altitude 8.C Qe 1825 — ra3 x X snge of altitude.

3460
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Since airplane drag, that is thrust required, veries with the flight
condition, L/D also varies with the flight condition. If the alrplane
is flying in level flight at a constant speed, the 1ift is equal to the
airplane welght, or L/D = Wé/Frequired' If the airplane 1ls climbing or

accelerating, the thrust required is increased by the amount required to
produce the rate of climb or the acceleration.

Specific engine welight at any flight condition is consldered to be
engine weight (a constant) divided by the thrust produced at that £light
condition; consequently specific engine welght verles inversely as the
thrust. When the thrust produced 1s the full-throttle thrust of the en-
gine, specific engine weight is a minimum for the airplane speed end al-
titude under consideration. In this analysis, this minimum specific
engine weight is generally the value of interest. Obviously, once a
speclific alrplane is considered, thrust availeble and the thrust required
(equal to airplane drag plus the thrust required for acceleration or
climb) are the factors of interest rather than specific engine weight or
airplene lift-drag ratio. Since the purpose of this discussion is to
interrelate the baslic engine and alrframe characteristics to generslized
airplane performance, and not to consider the performance of specific
alrplanes, the relationships of the varisbles listed must be examined.

The effects on over-all alrplane performance of the factors listed
wlll be anslyzed by examining their effects on alrplane gross weight,
range, altitude, and speed. In =sddition, the relation of englne slze to
alrplane gross welght will be discussed. Although the examples glven are
for a turbojet-powered aircraft, the method of anslysis 1s equally sppli-
ceble to airplanes powered with any type of sir-breathing engine.

After this emnalysis, turbojet engines currently being manufacbured
in the United States are examined with respect to values of 74, Wéng/F

and APp_ .. Fuels are examined in relation to h and also, because the

fuel determines combustion temperature obtainsble (and thereby affects
thrust) in relation to Wéng/F. The relation of stagnation temperature to

engine development, with particular reference to lubrication, is discussed.

Except as affected by reserves of stored fuel, the total number of
miles that can be flown per dsy with turbojet engines is a function of
the production rate of turbojet fuel. The rate at which engines can be
produced is dependent on the aveilebllity of the materials from which
the englnes sre made. These two factors, avaellaebility of fuel and engimne
production limits as a function of materisl availability, are diecussed.
Engine reliebility is not discussed in any deteail in thies anslysis.

Preparation of thls report required much specific engine dats from
the slrcraft engine manufacturers. These data were supplied by the
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aircreft engine industry at the request of the Department of Defense.
This cooperation on the part of industry and of the Department is

appreciated.

Determination of the effects of the various independent variables
required much amslytleal work beyond that included in this report. These
analyses were made by staff memwbers of the NACA Lewis lahoratory end of
‘the NACA Headquarters Offlce. Particular credit is due Richard S. Cessaro
of the NACA Headgusrters staff and E. Clinton Wilcox of the Lewls labora-
tory staff for thelr asslistance. h

RELATIVE EFFECTS OF AIRFLANE AND ENGINE FACTORS
ON ATRPLANE PERFORMANCE

Effects on Range

The hest of combustion of a FTuel 1s generally expressed as 50 many
thermal units per pound (approximately 18,500 Btu per pound for hydro-
carbon turbojet fuels). For the current analysis, this value 1s better
expregsed as the number of miles for which one pound of thrust i1s produced
by burning one pound of fuel. Thus, if all the chemical energy in one
pound of a typical JP-4 turbojet fuel were converted into thrust, 1t
would produce one pound of thrust for approximately 2400 nautical mlles.

Because an engine does not have an efficlency of 100 percemt, the
distence over which this pound of thrust is avallsble 1s conaiderebly
less than the ideal value. For the operating conditlons considered in
this report, turbojet engine over-all efflclency ranges between 10 and 40
percent. Therefore, as used in the englines considered, one pound of JP-4
fuel produces one pound of thrust far a distance between 240 and 1000
nautical miles. If a fuel having a higher heat of combustion is used,
these thrust-mile valués Ilnerease proportionally. For current Jet fuel,
the relationship between engine efficiency 17 and specific fuel con-
sumption sfec 1s 7, = (airplane speed in knots)/(ZéOOxsfp) where sfc
ig in terms of pounds of fuel per hour per pound of thrust, or
Ne = 0.156/sfc vhere sfc 1s in terms of pounds of fuel per hour per

horsepower.

As stated, the value of L, determines the airplane flight distence
over which ope pound of fuel wlll produce ope pount of thrust. The number
of pounds of alrplane welght that thlis one pound of thrust will support
in the air (Wg/F) is equal to the lift-dreg ratio L/D of the airplane
gt the flight condition considered. The lift-drag ratlo may be conslidered
as an "efficiency" of the alrframe in that its reciprocal D/L expressges
the amount of work that must be done per pound of airplane in flying the
ajirplane & given dligtance. For a given L/D, the work done in flying
the airplane & given‘giqtance.is.inde_en of the speed at which the
flight is made. Gl '

3460
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The airplane weight to be supported comprises the weights of zir-
frame Wgp, militery load W,, power plant Wy, and fuel Wp. The sum of
these weights is the gross weight W, of the airplane. If the value of
hne, is multiplied by the airplane 1ift-drag ratio (L/D) and by that por-
tion of the pounds of slrplane that las fuel, (Wf/Wg) s &n approximste
value for the range R 1s obtained:

. L f
Rﬂ'-hne-ﬁﬁ—; (1)

In the equation L[D is considered constant. The subscript o indicates
the values at the start of the portion of the £light under considerstion.

Equation (1) is an approximation in that it does not consider the
welght reduction that occurs during the flight as fuel 1s consumed and
the consequent reduction in thrust requirement. This effect is accounted
for in the classical Breguet range equation. For a fuel load of 10 per-
cent of the gross weight, the range given by equation (1) is in error by
4 percent with respect to that glven by the Breguet equation. As fuel
load increases, this error increases rapidly.

The Breguet equation, with h, n_,, and L/D assumed to be constant,
states that:

W.
L fO
R ] h'fle -ﬁ - d—é" (2)
Vg
Q
W,
L 8o
R = the ) loge ﬁ-g—-:—ﬁ;— (3)
[s) o}

A11 the terms in equation (3) are in equation (1), but equation (3)
provides the correction necessary to account for the effect on range of
the continusliy decreasing fuel losd.

To estimate the ranges that are feasible with current millitary air-
craft, equstion (3) is evaluated using eppropriate values for the differ-
ent varisbles. Two crulse speeds; Mg = 0.9 "and Mg = 2.0, will be con-
sldered. It wlll be assumed that the engine afterburner is not required
at the lower speed, hut i1s at the higher speed. Over-all englne effi-
ciency, as will be explalined later, is about the same under these two
conditions; & value of 0.22 1s representative of current practice. For
a bomber desligned to cruise at Mg = 0.9 +that does not have supersonic
cgpabilities, an L/D éalue of 20 a.pproxima,tes current design velues.

=
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For a bomber designed to cruise at Mg = 2.0, an L/D value of 5 is
assumed. For the fighter, the corresponding lift-dreg ratios are assgumed
to be about 60 percent of these values. The value of h, as previously
stated, 1s 2400 nautical mile-pounds of work per pound of fuel. With
these data, the radius of action (1/2 R) is computed from equation (3)
for different values of’ Wf/wgo, figure 1. For & long-range bomber, the

fuel welght availeble for cruise is about 0.50 of the sirplane gross
weight. At Mg = 0.9 (L/D of 20), the radius of actlon of such an alr-
plane is, therefore, without flight refueling, &bout 3500 nautlcsl miles.
At a flight speed My = 2.0 (L/D of 5), the range is 750 to 900 nautical
miles. If the crulse portion of the flight is at Mg = 0.9, and there 1g
a8 Mg = 2.0 supersonic desh over the target, the required design compro-
mises will result in lower 1lift drag ratios in the subsonlc speed range
than that used in preparing figure 1.

With current interceptors, the fuel avallable for cruise is about
0.15 of the gross weight. The combination of this lower percentage of
fuel and the lower lift-drag ratlos of the fighter results in cruise radii
of about one-seventh the values estimated for the long-~range subsonic
bomber.

The design of a military airplane is a compromlse between the some-
vhat counter obJjectives of low gross welght (considering both the pounds
of airplane and of fuel) and high alrcrgft performance. The way in which
the compromise 1s made determines the msnner in which gross welght is
divided Into airframe, military load, power plant, and fuel. For this
reason, equation (3) will be modified to express the individual effects
of airframe weight, military load, and specific engine weight on alrplane

range.

Equation (3) is rewritten by substituting for Wf the equivalent
value Wg - (Wg + Wp + We) and dividing numerator and" denominator by

Wgo. Equation (3) then becomes:

{4)

‘L 1
R = hne 5 10ge Wz Va Ve
Wgo Wgo Wg
For the alrplane in level flight at a constant speed:

Ve We/Fo _-'We/Fo
Veo  ValTo LD

Substituting in equation (4), the range is expressed as:

-E'- T~ o - 43,

3460
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L 1
R= e § 108 oW, Wo/Fo (5) <5

-+

-+
W Cj L
8 "8 /D

Equation (5) shows the manner in which the major factors previously
presented affect airplane range, h, 7Mg, and L/D being considered con-
stant during the flight phase considered. For those cases in which vari-
ations in We/wg are not being considered, eguation (4) 1s preferred to

o

equation (5).

In teble I, current milditary aircraft are described according to the
welght distributions made by alrcraft designers. Representative values
ere listed for a bomber and for a fighter. There are deviations from
these typical figures, but the devliations sre not large enough to affect
the conclusions drawn from thils discussion. The installed power plant
Inciudes those parts which although not supplied by the engine manufac-
turer are attached directly to the engline and sre required by the engine.
This welght 1s about 25 percent greater than the welght of the englne &s
supplied by the engine manufacturer. Consequently, welght of the engine
proper is 10 percent of the gross welght for the bomber snd 20 percent
Tfor the fighter. In this discussion, welght of the installed power plant
wlll be designated W, and welght of the engine as supplied by the engine
manufacturer Weng. In this analysis it is assumed that any change in

Weng 18 accompanied by a proportional change in We-

TABLE I. - REPRESENTATIVE ATRPLANE WELGHT DISTRIBUTTON AT TAKE-OFF

Bomber | Fightexr
AirPrame 30.0% 357.5%
Installed power plant 12 .5% 25 .0%¥
Militery load 7.5 7.5
Fuel 50.0 30.0

*With or without afterburner.
¥ yith afterburner.

The engine group ls a higher percentage of gross welght for the
fighter than for the bormber largely because L/D is lower for the fighter.

In figure 2 1s shown the effect on alrplane range, as determined from
equation (4), of changing the proportions of military load and fuel com-
prising the weight allotted to militery load plus fuel. The assumption is
made that a1l the fuel is availsble for cruise. This assumption does not
modify the general conclusion to be drawn. The weight of military load
plus fuel selected for these curves 1s 57.5 percent of the gross weight
for the bomber and 37.5 percent for the fighter. The curves apply to both
a constant gross weight with varylng military load or a constant military

load with varying gro% _ .
3 ":-“:‘-:a'-ﬁ!ﬁ ._. L ‘ < sur -
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The military load (as defined herein) ig usually between 1500 and
2000 pounds for current fighters and about ten times these values for
long range bombers. For constant military load, (fig. 2) if the percent-
age of gross welght allotted to fuel 1s to be lncreased for greater range,
the ratio wm/wgo mzst be decreased by increasing Wgo, the gross welght

of the airplane. In figure 3, curves are plotted that show this effect.
A constant military load of 2000 pounds for the fighter amnd 20,000 pounds
for the bomber is assumed. The curves show that for either bomber or
fighter a ratioc of military load to gross weight of about 7.5 percent
represents a reasonable balance between the objectives of long range and
low gross welght. The curve shows the manner in which the gross weight
of the sirplane is in general determined hy the milltary load. Certaln
conditions such as alrcraft carrier size may Impcose a limitation on air-
plane gross welght that 1ls Independent of military load considerations.
In other cases, the range required may be so low that the ratic of mili-
tary losd to gross welght can be considerably higher then the 7.5 percent

figure.

Equations (4) and (5) are now examined (figs. 4 and 5) to determine
the effects on range of increasing fuel heat of combustion, engine effi-
ciency, or airplane lift-drag ratio, or of decreasing the percentage of
gross weight allotted to airframe or to power plant. In thils comparison,
no estimate is made of the practicabllity of achieving the improvements
discussed. An increase in h or in 7, increases the distance over
which a pound of fuel will produce the necessary thrust. An increase in
L/D decreases the thrust requirement and thereby the rate at which fuel
is consumed. A decrease in specific airframe or engine weight allows a
greater percentage of gross welght to be allotted to fuel.

The equations show that an increase ip either h or 1, increases
range in direct proportion.

To estimate the effect of change in L/D, two cases are comsidered.
In the first case, it 1s assumed that as L/D is increased, thereby
reducing the thrust requirement, the percentage of gross weight allotted
to the power plant 1s proportionally decreased (that 1s, for a constant
value of We[F, the ratio of thrust available to the thrust required at

any flight condition remains unchanged) and this weight increment can be
added to fuel welght. As an example, if L/D for the fighter is increased
30 percent, the rgtio of power plent welght We to gross welght Wg is

decreasged by 0.250 - oizgg = 0,058. This 5.8 percent of the gross weight

may then be added to the fuel welght, which would thereby be lncreased to
35.8 percent of the gross weight. Such an increase in fuel weight

would of itself increase range 24 percent, if alrplane L/D remained
constant (eq. (3)). The total range increase for the 30-percent in-
crease in L/D 1s therefore (1.30x1.24 = 1.61) 61 percent.
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In the second case, it is assumed that weight distribution of the
airplane is unchanged, and equation (4) applies. An increase in L/D is
therefore accompanied by a directly proportional increase in renge. If
the value of We/F 1s unchanged, an increase in the ratio of thrust
avallsble to thrust reguired also results, and the attaingble altitude
and speed are lncreased. The extent of these increases will be discussed
later.

It is assumed that weight saved by decressing the ratlo of airframe
weight to gross weight Wa_f/Wg is allotted to fuel welght. That is,

for the bomber, if airframe weight is decreased 20 percent (Wa.f/wgo de-
creased from 0.30 to 0.24), fuel weight 1s increased 12 percent (Wf/Wgo

incressed from 0.50 to 0.56). The accompanylng increase in range is
determined from equation (3).

The effects of a decrease in specific engine welght are considered
with the assumption that ratio of installed power plant welght to gross
welght is decreased 1n proportlon to any decrease 1n We/F; that is, the
thrust availeble for any flight condition 1s not affected by the reduction
in specific engine welght. The saving In power plant welght is used to
increase fuel welght with an sccompanying increase in range, &s shown in
the We/F curves of figures 4 and 5.

For either the bomber or the fighter, an increase in L/D accompsa.~-
nied by & proportional decrease in We/Wgo increases range more than a

change in any other parsmeter belng considered. TFor the fighter, a de-
crease in Waf/Wgo is almost as effective. For the bomber, a decrease

in Waf/Wgo is less effective because Wyr 1B a lesser part of the

total. Since the engine of a bomber 1s a small part of total alrplsne
welght, specific engine weight has much the least effect on bomber range.
With the flighter, the effect of a decrease in We/Fo is about equivalent

to that of an increase In h oOr in 1.

For elther alrplane, cumulative range extensions result from simul-
taneous improvement of more then one of the varlsbles. Agailn, it is men-
tioned that although the results spproximate the renge benefits that can
accrue from improvements in the five varisbles considered, the results
in no way ilmply the extent to which these Improvements can be obtained,
nor do the results lmply whether or not it is advissable to use the im-
provement in any one factor to lmprove range, rather than speed or
altitude.

For the curves pregented in figures 4 and 5, it has been assumed
thet the airplene flies at constant values of englne efficiency, specific
weight, and alrplane L/D. An actual f£light, partlcularly that of the
flghter, covers a wide range of speeds a.n.d. altitudes with corresponding

varistions in 1ng, Wo /Py #@d: T
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One of several possible fighter or interceptor flight plans is

shown 1n figure 6, together with a representative breakdown of the fuel
loed allotted for each phase of the flight. If the effects of any of the
improvemente shown in figure 5 sre copcentrated into one phase of the
flight, the phase increase can be greater than the over-sll values shown
in figure 5. For instance, a 10 percent improvement in engine efficlency
during the whole flight would mean a 10 percent saving in fuel. If all
of this 10 percent saving in fuel is spplied tc the crulse phases, a 23-

percent lmprovement in crulse range (ng XlOO) results. If it is gpplied
entirely to the combat phase, a 75 percent improvement (% xlOO) in conmbat

time results. A decrease in the installed power plant welght from 25 to
20 percent of the fighter gross welght would, if this weight saving were
used to increase fuel load, permit combat fuel to be incressed from 4 per-
cent of the gross welight to 9 percent, which would more than double combat
time. In over-gll planning of research progrems, it 1s questiocnable if
analysis of the effects of engine variables on airplane performance should
be carried much beyond the present type of treastment.

Specific estimates can be made of the rapnge expected with current
alrframes and propulsion systems and of the range extension that might
result from a combinatiorn of improvements In girframe and engine perform-
ance. An example of such estimetion is presented in figure 7. In this
case, a long-range interceptor is consldered wilith a weight dlstribution
between those listed in table I for the bomber and for the fighter. The
fuel allotted for each of the two cruise phasses is 17 percent of the gross
welght at the start of the phase. The fuel is assumed to be JP-4. In
the figure, curves for constant englne efficiency, based on conventional
engine operating conditlons, are first plotted to show radius In miles
(that is cruise out or cruise back) as a function of airplane lift-drag
ratio. Since Wfo/Wgo is constant, these curves (see eqs. (3) or (5))

are straight lines. Three ailrplane crulse Mach numbers are assumed:

0.9, 1.5, and 2.0. It is further assumed that the respective alrplane
L/D's at these Mach numbers are 15, 6, and 3 and the respective engine
efficlencies, with the afterburner operating, are 12 percent, 18 percent,
and 23 percent. For M, = 0.9, engine efficiency is assumed to be 22
percent if the afterburner is not operating. These specific L/D engine
efficiency points are plotted and deslignated by the corresponding alrplane
Mach numbers. The seversl radll of action for the linterceptor operating
with afterburner at different Mach numbers are thus determined, and a
curve connecting the points represents the alrplane radius of action en-
velope. This curve i1s marked "current." The single point for the non-
afterburner engine at an airplane speed of M, = 0.9 1s also plotted.

An improvement in engine efficiency of 50 percent (essentially, a 50
percent improvement in the product hne) at all Mach numbers and of 50
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percent in L/D at speeds at or sbove M, = 1.5 is next assumed. At
Mg = 0.9, the L/D 1is assumed to be 18 instead of 15. A new envelope

curve, labeled "advanced,” is drawn through these points. While no
particuler brief is held for the values shown, the curve marked "current"
is reasonably representative of current practice, and the curve marked
"advanced" is ressonably representative of future practice for which the
necessary development information is being acquired. For & one-third
increase or a one-third decrease in the cruise fuel percentages chosen
(that is for a total fuel load between sbout 35 and 55 percent of the
gross welght at take-off), the radii of actlon shown can be considered
to vary directly with the fuel load available for cruise.

A discussion of the effect that fuel heat of combustion has on range
should include nuclear-powered propulsion systems. For such systems,
the number of miles hn, for which each pound of fuel burned will deliver
one pound of thrust is many times the value of 240 to 1000 nautical miles
glven for current turbojet propulsion systems end fuels. In fact, the
hng value is sufficlently high that the weight of fuel is negligible;
if a nuclear-powered alrplane will fly at all, 1ts range will be adequate.
The efficlency of such an englpne is important, however, from considera-
tion of the thrust produced per pound of alr consumed per unit of time.
(It is assumed that heat produced by nuclear energy is belng applied to
an otherwlise approximately conventional turbojet engine.)

The primary factor that will determine the success of a nuclear eir-
craft is, therefore, specific engine weight. The relationship of inlerest
in regard to the applicatlion of nuclear energy is:

W W
2o (6)
av -3

in which F_,, 1s the thrust avalleble at the flight condition. Equatior
(8) states simply that for horizontal f£flight at constant velocity, thrust
aveileble must be equal to or greater than airplane drag (thrust required).
The ratioc of power plant weight plus fuel weight to ailrplane gross weight
We + Wf

-
for the chemically fueled sircraft. In this comparison, W, + Wp <for the
nuclear power plant does not include the welght of fuel for & chemlically
powered supersonic dash if such is to be employed. Uslng a value of 0.65
as represgentative of the meximum permissible value for the ratio

can probebly be about the same for the nuclear power plant as

HWae + W
—%——f, permissible specific power plant weight for the miclear powered
go :
airplane becomes:
W
e _ L
+ 2 0.65 3 (N
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Equation (7) represents, then, the approximate relationship that must be
satisfied. Because values of L/D for speeds in excess of My = 1.5 sare
less than approximstely 1/3 those for subsonic speeds, it will be diffi-
cult to satlsfy requlrements of supersonlc nuclear-powered Flight. The
difficulties are partially cffset by the fact that, cansidering current
turbine-inliet temperatures, at Mg = 1.5 and Mg = 2.0 specific engine
welghts are, respectively, 0.7 and 0.5 as much as the specific weight a

Ma_= 009- .

3460

Effects on Ratlo of Military Load to Gross Weight

For those conditions under which alrplane gross weight is limilted,
meang are desired that will permit mllitary load to be increased without
increasing grose welght or decreasing range. For those conditions in
which range is of secondary importance, it may be desirsble to decrease
gross welight for a given militery load. 1In either case 1t is desired to
increase Wm/Wgo without decreasing range. Equations (4) or (5) will
therefore bhe examined for the condition of constant range to determine
the extent to which Wm/Wgo can be increased by varying each of the
other flve varigbles.

Figure 8 showe the results for a bomber and figure 9 for a fighter.
For these curves each of the msjor varlables is varied in turn in equa-
tions (4) or (5) with an accompanying variation in Wﬁ/wso so that the
renge remains constent. The gbsclssas of the curves are, as Iin figures 4
and 5, an increase in h, nme, or L/D or a decrease in Wa/Wg  or
We/Fo. The ordinate is either W /W, (which can be considered as a
variation in W, <for constant Wgo) or gross welght as indicated. Since
there 1s gome limit ‘o how high the ratio wm/wgo can go, for a given
military load or for a glven gross welght, the curves are not extended
beyond Wm/W of 0.150, that 1s a gross weight of 50 percent of the
orlginal welght nor is consideration given to the extent to which it is
practical to approach this 50 percent figure. Increase in h or Ne
increases miles flown per pound of fuel burned, and therefore less fuel
need be carried. The resulting numerical decrease permitied in Wfo/wgo

may then be added directly to Wﬁ/Wgo. Actually, referring to eguation

(4), loge T Wl T is decreased to compensate for the increase in
a m e
7~

g, ‘g, &g
) )
h or n,, and this decrease is achleved through increasing Wﬁ/wgo'

To determine the effect of change in L/D, the same limiting assump-
tions as were dlscussed for flgures 4 and 5 were used. An lncrease in

P

— <«
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IL/D permits a corresponding decrease in the logarithm in equation (4)
with & consequent increase in Wm/Wgo; and, for the cage in which

W
w_e__ . %’-= constant and specific engine weight is constant, there is a
8o
numerical decrease in We/W, , which 1s also added to Wm/Wso.
Q

To determine the effects of changes in Waf/wgo and in (We/Fo)/(L/D)

(assuming constant L/D) the amount either factor is decreased 1s added
directly to Wm/wg 80 that the sum of the two remains constent. For

example, a 25 percgn‘b decrease (from 0.300 to 0.225) in Waf/Wgo for the
bomber increases wm/wg from 0.075 to 0.150 (a 100 percent increase).
o

For the bomber or the fighter, to meintain constant range for con-
stant military load and decreasing gross welght, an Increase in L/D is
again the most effective change because the two-fold advantege of an in-
crease in L/D is realized. A decrease in specific engine welght is
much the least effective mesns. For the fighter, a decrease Iin engine
welght 1s of course much more effective than for the bomber, and here an
increase in h or g, 1is least effective. As in figures 4 and 5, if an
increase in L/D 1s accompanied by nc change In the value of We/Wgo,

the effect of the change 1in L/D is the seme as that of a change In h
or in fe-

Comparison of figures 8 and 9 with figure 3 shows that decreasing
gross welght of the bomber or fighter by 50 percent or inereasing military
loed 100 percent (increasing me/W,go from 0.075 to 0.150) decreases the

range potentisl by 25 or 30 percent, respectively, from what it would have
been had Wm/‘ﬁvlg been maintalned at the 7.5 percent value. For this

0
regson, this procedure ls not used except In those cases where airplane
range must be sacrificed to reduce gross weight or where range is second-
ary to welght of military load carriled.

Effects on Airplane Altitude and Speed

Maximum permissible sirplane altitude (airplane celing¥) snd speed
(considering the trimmed sirplane in level flight) are determined by five
factors: (1) lift-drag ratic of the trimmed airplane as a function of
altitude and Mach number, (2) specific engine welght as a function of
altitude and Mach number, (3) the ratio of engine weight to gross welght,
(4) permissible engine pressure loading, and (5) maximum permissible ambi-
ent stegnation (total) tempersture. These values determine & limiting
Mach number-altitude envelope for the airplane.

¥pirplene celling is defined as that altitude at which maximum avail-

gble engine thrust em&aﬂ:l‘&&iof‘the tr:j_lpmed...gi;ala_._qg ‘il level flight, at
the flight speed under comsiderafion. ~ "~ =y
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Englne Specific Weight, Airplane L/D Ratio, and
Ratic of Engine Weight to Gross Weight +

The interrelation of the first four factors can be expressed by the
relationship:

weng s Wéng FTO/Fav Wé (8)
Wg,TO FTO L/D WS,TO

3460

in which Fg, 1s the thrust available under the flight condition and Wg

is the gross weight of the airplene at the instant under conslderation,
and in which the subscript TO signifies the take-off welght or thrust.
It is noted that the specific weight of the engine at altitude and flight
We P '
ng TO
speed 1s L - et
P Fro Fav

As has been mentioned previously, with current combat military air- o

W W.
craft, the value of weng + W:LTO
g,T0 g,T0
for a bomber and 0.55 for a fighter). Under this condition if higher _
eltitudes are to be obtalned without decreasing range, the thrust availeble
must be increased wlthout increasing the ratio Weng/wg,TO' Therefore, .
either the speciflc weight of the engine at altitude and flight speed must
be decreased or the lift-drag ratio of the airplane must be increased. A
decrease in either of the two ratios which determine specific engine R
weight at the flight condition 1s of interest. The possibility of such
decreases will be discussed in the section on Iimprovements in engine

performance.

is approximately constant (about 0.65

The interrelation of the factors in equation (8) can elso be ex-
pressed in a revision of equation (6):

L/D Weng _
. 51 (68.)
Weng/Fav Wg

The maximum permissible altitude, or airplane celling, at any constant
flight speed is that altitude for which the left member of the equation
equals 1. It becomes necessary, therefore, to examine the effects of
airplane speed and altitude on airplane lift-drag ratio and on engine
specific weight. '

GRS
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In figure 10, representative values of alrplane 1ift-drag ratios as
realized or as estimated by the manufacturers (August 1953) are shown for
current supersonic interceptors or fighters. The band shown covers the
1ift-drsg ratios for the F-100, F-101, F-102, F-104, F-105, F-9F-9, and
XF8U-1. In each case, the L/D of the trimmed airplane In level flight
was used. The alrplane weights are from 15,000 to 44,000 pounds and the
altitudes considered from 35,000 to 55,000 feet. In general, the high
limit of L/D shown represents the higher sltitude for these ajirplanes
and the lower limit the lower altitude. Similer data are not availlsable
for bomber aircraft, but as mentioned previocusly, sn L/D of 1.5 to 2.0
times the values glven for the fighter will provide reasonebly accurate
estimates for anzslyses such as presented herein. Possible improvements
in L/D will not be discussed in this report other than that previocusly
considered in connection with figure 7.

Figure 11 shows the effect of altitude and airplane Mach number on
specific engine weight. (The L/D curve shown will be discussed later.)
The externsl drag of the inlet diffuser is not considered in estimating
these specific weights since 1t hes been included in the drag (D) of the
airplane. The specific englne weights indicated are for an afterburner
engine with the afterburner operating at a tempersture of 3040° F. The
values are representative of current practice. The specific weight of an
engine is normelly gilven as the specific welght at sea-level siatic con-
ditions with the afterburner inoperative (military rated thrust). For
the engine assumed, this value 1ls 0.460 pound per pound of thrust. The
take-off specific welght of the engine is (since use of the afterburner
increases thrust at take-off 50 percent)} 0.310 pound per pound of thrust.
The sea-level static specific weight of the corresponding nonafterburner
engine is 0.368% pound per pound of thrust. As previocusly noted, these
values are 80 percent of the weight Included in the instailed power plant
of table I. The curves of flgure 11 show the degree to whlch specific
engine welght decreases with airplane speed and Iincreases wlth airplane
altitude. These specific welghte at flight conditions are those used in
determining sirplane sltitude and speed limits.

For g fighter, the assumption 1s now made that engine weight is, as
indicated in table I, 20 percent of the take-off gross weight (that is,
instelled power plant, 25 percent). From figure 6, becsuse of the fuel
consumed before combat, the gross welght at combat 1s 0.84 of take-off
gross weight. From the previcus assumptions, the engine weight 1s there-
fore, at combat, 24 percent of the combat gross welght. A vslue of 25

¥it a Mach number of 0.9, the specific weights for the nonafterburner
engine are gbout 1.5 times the afterburner engine velues given in figure
11. Removing the afterburner is assumed to remove 20 percent of the
engine weight.

&Y
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percent is used. Absolute ceiling of the fighter (eq. (6a)) under these
conditions will therefore be that altitude at which L/D of the trimmed
airplane 1in level flight 1s 4 times the specific engine weight. Corre-
sponding velues of L/D Ffor the fighter are included as ordinates in
figure 11, These are the L/D' that must be available if the alrplane
is to fly at the speed and altitude chosen.

If at each airplane Mach number, L/D of the trimmed asirplene as &
tunctlon of sltitude is known, the altitude at which the drag of the
trimmed airplane 1s equal to thrust aveileble can be determined. If for
each airplane Mach number (for an altitude range of 45,000 to 57,000 feet)
the approximate maxImum value of L/D is as given in figure 10, the alr-
plane L/D - Mach number curve may be drawn es indicated in figure 11.

The values are somewhat arbitrarily extended to Ma 3.0. Im this case,

the effect of altlitude on the L/D of the trimmed airplane is neglected.

The L/D curve in figure 11 is an envelope curve in relation to the
specific engine welght curves, Iin that at each Mach number the slirplane
ceiling is that altitude at which the specific engine welght curve for
that altitude intersects or is tangent to the L/D curve. Within the
limitations of the assumptions, figure i1 emphasizes the need of 1lift-drsg
ratios higher or epecific englne weights lower than those now evaileble if
altitudes of 65,000 feet or greater are to be achieved in level flight.

The absolute ceiling envelope as a function of fighter airplane speed
and altitude can now be determined using the data 1n figure 11. The curve
expressing this relationsblp is plotted in figure 12 and 1s labeled

W,

WEZE7F . _EE& = 1. The shape of this curve is determined by the relation
eng €o

of the L/D curve to the speciflic enginme weight curve.

Maximum Permissible Engine Pressure Loadlng

The next step is to conslder the limitation placed on flight speed
and gltitude by permissible englne pressure loading. Current englnes are
generally limited to about that pressure differentlal which occurs at
4y = 1.0 at sea level. For full adiabatic ram pressure and a M, = 1.0

limit at sea level thils pressure differential 1s:

MPyax = (1.89 P o - 1) 14.7 1b/in.? (9)
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in which:

APmax maximum permissible pressure differential, lb/ 8qg in.

Pro engine compressor pressure ratio (between 7.0 and 12.0 for cur-
’ rent turbojet engines)

Knowledge of the numerical velue of Ap,.. permits calculation of that
Ma.ch number at each altitude which results in a pressure differential

across the engine equal to App..- Representative values are glven in
table II.
TABLE IT. - EFFECT OF ALTTTUDE ON AITRPLANE MACH

NUMBER FOR CONSTANT ENRGINE PRESSURE IOADING

Altitude, Airplane Mach
£t number, Mg

S. L. 1.0
10,000 1.4
20,000 1.6
30,000 1.9
40,000 2.2

In determining these values, corrections to the englne compressor pres-
sure ratio resulting from inlet-temperszture veariations with altitude and
wlth airplane Mac¢h number have not been made, nor have corrections been
made for the effect of stagnation temperature on the engine stress I1imit.
For these end other reasons, the data represent an approximstion and
should be so considered. The data from table IT are plotted in figure 12
and lebeled Ap = App..- This curve represents that part of the altitude-

speed limiting envelope that is determined by engine strength. If the
engine were required to operate at higher Mach numbers at low altitudes,
the casing would be made thicker. Thils would gilve the required strength
but would make the engine heavier and performance &t higher altitude
would suffer.

Maximum Permissible Total Temperature

As airplane speed is increased, the total or stagnation temperature
increases because of adisbatic ram compression. This successively higher
total temperature is approximately the engine inlet air temperature that
the turbojet engine must withstand. At sn airplane speed of M, = 2.0,
this temperature is 240° F (NACA stendard day) at altitudes above 35,000
feet. In figure 12 this value is plotted as the limlting temperature.

ST A T L A T T

ol Y -




o S DAY

18 ' REERET™, NACA RM 54123

The three limliting curves that establish the fighter ailrplane
altitude-speed envelope are now determined, and a single curve labeled
"generalized estimate" 1s faired from them. Again 1t is emphasized that
these values are Ffor the trimmed alrplane in level flight.

In addition to the generalized estimate curve, there is included a
cross-hatched area representative of the area included between the limit-
ing curves specified by the manufacturers for the USAF fighters listed
previously. These data show that the generalized estimate is reascnebly
representative of current practice.

The relative effects of the various factors that may be varled to
increase the altitude-speed ares lncluded in the envelope are shown in
figure 13. Had the L/D values for speeds sbove Mg = 2.0 (fig. 11)
been assumed to remain essentiselly constant, the corresponding curves in
figure 13 would, for alrplane speeds in excess of My = 2.0, slope
upward instead of slightly downward. The curves as shown are neverthe-
less representative of the increases in airplane speed and altitude that
will accrue from improvements In the limiting values of the factors

involved.

The curves of figure 13 indicsting the portions of the altitude-
speed envelope limitations determined by L/D, Weng/F, and We/wg show
o

the marked increases in sirplane celling that can result from changes in
thege values. For Instance, if the amount of metal in the engine relative
to the engine size is reduced 30 percent and the rate of air flow through
the engine (that is, thrust) is increased 30 percent, specific engine
welght 1s decreaged to 0.54 of lts current value with a comnsequent in-
crease in celling of 15,000 feet. If this improvement is combined with

a 30-percent increase in L/D (23-percent decrease in drag), the specific
engine welght 1s decreased to 0.4]1, and the celling is increased by an
additional 5000 feet.

The curves also indicate the improvement in celling achieved through
inereasing that part of the gross welght allotted to the engine (we/wg).

A 30-percent Increase In this ratio would csuse a 7500-foot lncrease in
celling. This englne welght increase would also reguire that the fuel
loed at take-off be decreased from 30 percent of the gross welght to 22.5
percent. Reference to the fuel alloiment tabulation of filgure & shows
that this decrease in allowable fuel weight would, 1f applied to the
crulse portion of the flight, reduce the radius of action of the inter-

ceptor by half.

W
Because of the general flatness of the L/D . <= = 1 curves (fig.
Wel/Fay Wg

13), the limitation to maximum permissible speed is the engine-pressure-
loading limit at the lower altitudes and the limitatlon imposed by the
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total temperature at the higher altitudes. Solution of the problems
imposed by this tempersture limitstion will require much effort. The
airframe, the propulsion system, and the military load are all affected
about equally. The rate at which these problems can be solved will
determine the time at which these higher speeds can be achieved for
other than short bursts.

Heat of combustion of the fuel and over-all efficiency of the engine
do not directly affect either airplane celling or maximum speed. They
msy be considered to have an effect because they determine (eq. (5)) the
percent that e = <fé/Fav ay be incressed for a given increase in h

Wg ——575— may be in gl
or 17 wlith R remaining constant. In this case, as the heat of combus-
tion h or over-all efficiency 7, I8 lncreased, the fuel carrled is
decreased sufficiently to maintain range constant, and the saving in fuel
weight 1s allotted to an increase in englne weight and consequently in
thrust available. Reference to equation (5) and to figures 8 and 9 shows
that maintsining range and ratio of military load to gross weight constant,
an increase of 20 percent in elther heat of combustion of the fuel or
engine efficlency permits a 15 percent increase in the ratio W, Wg for

the fighter and 50 percent for the bomber. The corresponding ceiling
increasses are approximately 4000 feet for the fighter and 13,500 feet for
the bomber. The corresponding permissible L/D decreases for constant
altitude are 14 percent for the fighter and 33 percent for the bomber.

Treatment of the effect of a decrease in specific alrframe weight,
Waf/Wé, in the same manner shows that a given percentage decresse in &ir-

frame weight will permit for the fighter & percentage increase 1n engine
welght of 1.5 times the gilven value and for the bomber 2.4 times thdt
value. These increases will be accompanied by corresponding increases in
thrust available and therefore in ceiling or in speed.

Engine Size

Engine size is generally expressed in terms of sea-level static
military rated thrust. The engine size required for any particular ailr-
plane is dependent on the product of the maximum value of the ratio of
thrust requilred to gross weight, and the ratioc of the thrust st teke-
off to the thrust at this flight condition, and on the number of engines
installed in the airplane.

Estimates of the required engine size, assuming for instance that
the combat condition determines the size, can be made as follows. The
thrust required at combat is determined by the combat values of gross
weight, 1ift-drag ratio, and acceleration required for meneuvering. From
the thrust required at combat, military rated sea-level static thrust can
be determined from the engine specific weight-altitude-speed relationship,
as presented in figure 11. From this thrust and the percentage of gross
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weight thaet is allotted to the engine, the required sea-level static
thrust and sea-level specific engine weight is determined. Sample values
are presented in table III.

TABLE ITII. - RELATION BETWEEN ATIRPLANE COMBAT ALTTTUDE, SPECIFIC

ENGINE WEIGHT¥, AND ATRPLANE GROSS WEIGHT. Mg = 2.0.

(a) Long range bomber

L/D=5 - Wsc/wsmo = 0.67
weDS/WSTO = 0.10 weng/wgc = 0.15
Combat altitude,
£t 45,000 | 55,000 | 65,000 | 75,000
Froo/¥ 0.214! 0.329{ 0.523| 0.850
o/ 810
Required TO
spec. eng. wt 466 304 .191 .118
Required mil. rated
SLS sp. eng. wt .699 456 .286 177

Take-off gross weight

Mil. rated SIS

thrust, lbs
40,000 280,000 |183,000 {115,000 [ 70,000
56,000 390,000 |256,000 |161,000 | 98,000
80,000 560,000 |365,000 |229,000 |141,000
112,000 = fewmmen- 516,000 |322,000 |197,000
(b) Fighter
L/D = 3.0 1.2 g turn  Wp /W 0.833
/D ' & &/ Ve =
Weng/Wg, = 020 wen&/w-gC = 0.25
Combet altitude,
£t 45,000 | 55,000 | 65,000 | 75,000
FTo/ngo 0.64 1.00 1.57 2.55
Required TO '
spec. eng. wbt .312 200 127 .078
Required mil. rated
SLS sp. eng. wt <463 .300 .10 .117

Teke-off gross welght

Mil. reted SIS

thrust, lbs
10,000 24,000 | 15,000
14,000 33,000 | 21,000
20,000 " | 47,000 | 30,000 | 19,000
28,000 65,000 | 42,000 | 27,000 | 16,000

*pirplane speed ard sltitude affect specific engine weight as
given in fig. 11.
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From the values of table ITIT, the relation between total engine military
rated thrust and airplsne gross welght 1s determlined. In the compute-
tlons, it is assumed that afterburner engines are used and, as specified
previously, that the ratio of teke-off thrust Fq, to sea-level static
military rated thrust is 1.5. That is, the ratioc of take-off specific
engine weight to military rated specific weight is 0.67.

In table ITT(a), the required sea-level static military rated spe-
cific engine weight for the combat altitude of 55,000 feet 1ls represent-
ative of current englne design (see fig. 11). The tsble brings out again
that specific engine weight must be reduced below current values 1f slti-
tudes of 65,000 feet or higher are to be attained at the assumed combat-
speed and lift-drag ratico with current alrplane welght distributions.

The teble alsc indicates the need for engines of greater sea-level statlic
thrust or for a greater number of engines as canbat altitudes are
Incresased.

In table ITI(b) for the fighter, the same essential points are illus-
trated as for the bonmber. In thils case the values at 45,000 feet are
representative of the values given in figure 1i. It is alsc shown, based
on the assumed airframe and engine performance and the alrplane welght
distribution, that thrust-wise, vertical teake-off becomes a matter of
choice for fighter airplanes with which combat altitudes of the order of
60,000 feet or higher can be attained. It 1s well to point out that
certain engine improvements that are discussed later will decrease the
ratio between the sea-level static thrust and the thrust at altitude for
speeds In excess of My = 1.3.

The need. of lasrge engines or of multl-engined fighters is illustrated
for the higher combat altitudes. For instance, at 65,000 feet combat
altitude a 27,000 pound gross weight (at take-off) fighter requlres a
single engine of 28,000’ pounds military rated thrust. The thrust avail-
able for take-off with the afterburner operating on such an engine 1s
42,000 pounde. Improvements in airplane combat lift-drag ratio or real-
ization of the engine improvements mentioned sbove would do much to
relieve this situation.

In table ITT, the values of military rated thrust listed are sepa-
rated by increments of sbout 40 percent. If & waximum of eight englines
1s to be used in the largest long-range bombers, these data indicate that
a relatively small number of different engines will provide for a wide
range in gross weight for both fighters and bombers. Table IIT does not
represent the complete relation of required engine sea-level static thrust
to airplane gross weight, since the lift-drag ratio for only one altitude
and £flight speed is consldered, but it shows the general effect of in-
creased combat altitudes. A more complete evalustion should include a
considerstion of the acceleration and rate-of-climb requirements particu-
lexrly in the transonic speed region.

Summarz

The interrelationgjjps hetween grogs‘weight,!aiyﬁﬁg!é range, celiling,
and speed; and airplane weight distribution, airframe IiTt-drag ratio;
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and propulsion-system characteristice have been examined. The detail of
the examination has varied with the parameter. Because of contributing
factors that have not been considered, the analysis is not intended to
give precise values. It does provide a background for general research
emphasis and for estimates in regard to the probable. aslrplane performance
that can be obtained through improvements in the variables consldered.

Of the informetion presented, tebles I and III, equations (3}, (5), and
(8), and figures 1, 3, and 13 are probably of most significance.

Gross welght of the alrplane 1s lasrgely a function of milltary load
(fig. 3) and, unless there are considerations limiting gross weight or
reguired range, gross welght of the alrplane will be of the order .of 13
times the weight of the military load. Figure 1 and equations (3) and
(5) show the manner in which the primary airplane varisbles affect range.
Increases in range will most likely be realized through increases in heat
of combustion of the fuel, in propulsion-system efficiency, and in 11ft-
dreg ratio of the alrplane. Appreciliable decreases in specific airframe
welght do not appear likely. Incresses below curreni values in the ratio
of military load to gross welght are not an effective means of increasing
range (fig. 3). A decrease in specific engine weight will most likely be
used to increase permissible alrplane speed and altitude rather than to
increase renge. BSince increases 1n rarge resulting from increases in
airplane 1lift-drag ratlo, engine efficiency, and fuel heat of combustion
are cumulative, small increases I1n each are well worth while.

Figure 13 and equation (8) show approximate limits of current
fighter-girplane speed and sltitude. To the extent that the engine in
the fighter or bomber willl constitute a fixed percentage of the grosa
welght, increased altitude and speed will be cobtained jointly through
decrease 1n specific engine welght and increase in airplane L/D, both
improvements glving quentitatively sbout the same results. A 1l0-percent
improvement in elther will increase airplane celling by 2500 or 3000
feet. As mentioned previously, the increase in L/D ratio will also

increase range.

The rate at which maximum alrplene speed can be ralsed to values
above Mg = 2.0 will depend largely on the rate at which successively
higher stagnation temperatures can be tolerated and (at lower altitudes)
the rate at which maximum permissible engine pressure loads can be
raised.

Engine slze (thrust wise) is largely a function of airplane celling,
maximum speed, and number of engines per airplene. As the celling is
railsed, larger englnes or a greater number of engines wlll be reguired.

The next step in the present analysis is to estimate the extent to
which each propulslon-system factor can be lmproved, considering both
degree of improvement and poseibllity of achieving the improvements.

e i
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The discussion will cover Improvements 1n specific engine weight, engine
efficiency, meximm permissible engine pressure loads, and fuel heat of

combustion, Following these discussions the fuel availabillty, critical
materials, and lubrication problems will be discussed.

CUREENT STATUS AND ESTIMATED IMPROVEMENTS
IN PROPULSION SYSTEM PERFORMANCE

The propulsion varisbles under consideration will be taken up in
order: specific engine weight Weng/F’ engine efficiency Nes end fuel

heat of combustion h. For each variable, an estimate 1s made of the
present position and of the poseibilities for improvement.

Figure 14 is a disgrammatic sketch of a supersonic turbojet engine.
The conmbined aerodynamic and thermodynemic performence of the six msjor
engine parts indicsated, together with the characteristics of the materials
from which the engine is made and of the fuel from which the propulsive
energy is derived determine specific engine welght end engine efficiency
for any flight condition.

Certain factors that affect specific engine weight also affect en-
gine efficiency. In general, the relation of these factors to specific
engine weight is discussed in the sectlion on specific welght, and the
relation to engine efficiencies in the section on efficiencles.

Speclific Engine Weight

As mentioned previocusly, the specific weight guaranteed by the en-
gine manufacturer is the military rated specific weight, that 1s, the
specific weight under sea-level static conditions at rated engine speed
with the afterburner not operating. The general effect of airplane alti-
tude and speed on specific engine weight st different fllght conditions
hes been presented 1m figure 11. Under any operating condition, specific
weight of the engine is established for the most part by three varizgbles:

1. Weight of materisl in the engine
2. Rate of air flow through the engine

3. Temperature to which the air is burned, which in turn determines
the thrust produced per pound of eir flowing through the engine.

Weight of material in the engine is, of course, a constant for a
given engine. Rate of air flow through the englne is dependent first on

W~ A
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the compressor design and secondly, consldering full~throttle operstion,
on the altitude and speed at which the alrplane 1s flying. For airplane
speeds up to Mg = 1.0 at sea level and up to Mz = 1.3 at altitudes of

35,000 feet or over, the predominant effect of airplane speed and alti-
tude is change 1n density of the alr at the compressor Iinlet. For these
flight conditions, air-flow rate through the engine can be considered as
the product of the alr-flow rate under the sea level statiec conditlon and
p/psl’ in which Ps1 18 the density of the air under sea level gtatic

conditions and p 1is the density of the alr at the compressor inlet under
the specified flight condition. At alrplane speeds higher than M, = 1.0

at sea level or Mgy = 1.3 gbove 35,000 feet, rate of air flow through

the engine 1is further affected by changes in inlet-alr tempersture and

veloclty, because they alter aerodynasmic performance of the compressor

and aerodynamic and thermodynamic performance of the inlet diffuser and
exhaust nogzzle. The effect of thege factors on rate of air flow and on
thrust produced, and thus on specific englne welght, will be discussed

in the order just given.

The effects on speclific engine weight of combustion temperatures,
whether in the combustor or in the afterburner, and the factors that limit
these temperatures are referred to briefly in this section on specific
englne weights. They are dilscussed in more detall in the section on en-~
glne efficlencies, since thelr effect on specific welghts is closely in-
terrelated with theilr effect on efficiencies. The use of speclal fuels
to attain higher combustion temperatures is discussed in the sgection on

fuels.

Weight of Materlsls in the Engine

An analysie has been made by James Lazar (at the time, of the NACA
Headquarters staff) of engine weights guaranteed or estimated by manu-
facturers (es of August 1953). These data represent ell U. S. axial-
flow turbojet engines having military rated thrust of 3000 pounds or
higher from the J-34 through the J-79 engine. The analysis shows that a
regsonably good correlation is obtalned i1f engine weight 1s plotted
agalnst the cube of engine compressor tilp dismeter, figure 15. As men-
tioned previously, for a gilven compressor tip diameter an engine without
efterburner has approximately 80 percent the weight of an afterburner

engine.

The engines are divlided into three groupe according to thelr stage
of development as of approximately August, 1953. Those engines that had
pessed the 150-hour test are represented in figure 15 by dismonds "€,
those that were in the process of passing this test by squares "m", and
those that were in the design stage or the early hardware stage by circles,
"e". With one exception, the weights of engines in the design and early
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hardware stages are described qulte sccurstely by the straight line of
equation (lO). One of the points on the curve of figure 15 1Is an Ameri-
canized engine of British design. The dsta of figure 15 show the present
state of the art and the redsonsble uniformity of engine-weight patterms
being followed by different engine memufecturers.

In the development of these engines, emphasis has been placed on ob-
taining higher thrusts and higher pressure ratios without increasing spe-
cific engine weight. Considersble emphasis 1s now being placed on reduc-
ing the amount of metal in an engine of given diameter, to decresase
specific engine weight. Consequently, figure 15 and equation (10) should
not be used to estimate future engine weighis.

The relation of various engine dismetere to compressor tip diameter
are as shown in table IV.

TABLE IV. - RATIO OF (UTSIDE DIAMETER OF SEVERAI. ENGINE

PARTS TO COMPRESSOR TIP DTAMETER

Production | Development

engines engines
Compressor case 1.16 1.07
Combustor l.24 1.08
Turbine 1.23 1.05
Afterburner 1.32 1.17
Engine envelope 1.53 1.35

circle

In teble IV, the "production engines”™ in general represent those en-
gines indicated by dlemonds in figure 15 and the “development engines"
represent those engines indicated by squares snd circles.

Rate of Air Flow Through the Engine

The amount of alr flowing through the engine is the second of the
factors controlling engine weight to be considered. At any inlet condi-
tion the air flow per square foot of compressor frontal area, based on
the tip diameter, flgure 16, is a function of the average slr velocity
into the compressor and of the ratio of the .compressor hub diameter to
tip diemeter (hub-tip retio). An increase in this veloclty or a decrease
in hub-tip ratlo increases this specific alir flow. The data for figure
16 are based on the average inlet axlal Mach mumber for the annular Flow
area immedigtely ahead of the first-stage compressor tlp diameter. Stand-
ard sea-level conditions are assumed. The maximum air flow rate shown,
50 pounds per square foot per second, is the value for a "choked" pipe
under standard sea-level conditions.

e



26 SRS . e . NACA RM i

The shaded area marked "subsonic" is representative of present prac-
tlce. The turbojet engines that were in the process of passing or had
Just passed the 150-hour test (as of August 1953) have sn air flow of
gbout 25 pounds per second per square foot. At this air flow, for a 35-
inch diameter compressor tip and 62.5 pounds of thrust per pound of air
per second, the mllitary rated sea-level static specific engine welght
is 0.460 (fig. 15). The newer engines in the design and early hardware
stage have an alr flow of 27 to 30 pounds per second per square foot.
The major axis of the shaded oval area (fig. 16) marks the general pro-
gress to these higher sir-flow values by the use of higher inlet veloci-
ties and lower hub-tip ratios. Values of military rated specific engine
weight as a functlon of thrust for the afterburner engine are shown in
figure 17, assuming the weight-dlameter relatiomship given in figure 15
and assuming 62.5 pounds of thrust per pound of air flow per second.

The curve is representative of current engines and should not be used to
estimate future specific englne weight.

As inlet Mach number is increased, a point is reached (if the first
compressor stages are to develop reassonebly high pressure ratic) at which
flow veloclty relative to the compressor blade tips exceeds a Mach number
of 1.0. This condition requires that the alr foll design of compressor
blades in the stages involved be transonic instead of subsonic. Current
research and development datae indicate, as denoted by the area marked
"transonic”, that by using a transonic compressor having a hub-iip ratio
of 0.35 to 0.40, alr-flow rates approaching 40 pounds per second per
square foot are feasible. At the same time, the pressure ratio developed
by the transonlc stages will exceed that developed by thelr subsonic
counterparts. Application of transonic compressors having one or more
transonic stasges is belng fostered by the NACA and the engine industry.

Blades having transonlic alr foils have operated successfully with
relative Mach numbers of 1.2 at the tip in a research miltistage com-
pressor. An experlmental stage, operated at a tip Mach number of 1.4,
Indicated high efficiency. At this Mach number level, the air foils
might be more properly described as supersonic. There is some promise
that efficient supersonic air folls will be used for compressor blades
in the future. Such air foile will, however, probably be exploited for
increasing pressure ratio of the stages involved and thereby decreasing
englne welght, rather than for increassing compressor air flow caepacility.

Consideration of higher rates of air flow through the compressor
should include an examination of the sbility of other engine components
(fig. 14), notebly the combustor, the turbine, and the afterburner, to
handle increased rates of sir flow. With current production engines,

see table IV, the outslde combustor dlameter is about l% times the com-

presgor tlip dismeter. Conseguently, at sea-level static condlitions, for
the production engines, en air filow, Wg,., of 25 pounds per second per

square foot through the compressor corresponds to 16 pounds per second

per squere foot through the circle described by combustor ocutside diameter.

_—MBRIEET v
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In the newer engines, the ratio of combustor outer diameter to com-
pressor tip dismeter is reduced to 1.10 or slightly less. For these
engines, the compressor air flow of 30 pounds per second per square foot
corresponds to a combustor sir flow of about 25 pounds per second per
square Toot af frontael area and the compressor value of 40 pounds per
second per square fool corresponds to a combustor value of 33 pounds per
second per squere foot. These higher rates of air flow through the com-
bustor generally tend to increase combustor pressure drop, which results
in a grester relative loss in thrust. Higher rates of air flow also tend
to decrease combustion efficiency. These two losses can be combined In-
to a combustor effic1ency'wh1ch expresses them as a reduction in engine
efficiency.

Ability of the combustor to hendle the higher air flow rates can be
expressed as an airplane Mach mumber - altitude curve for a given percent
combustor efficiency. Such a plot is shown in figure 18 for a combustor
efficiency of 95 percent. For comparison, the current Ffighter limiting
Mach number -~ altitude envelope from figure 12 is included. The combus-
tor data plotted represent values cobtalned at the Lewls lsborstory (ref.
1) with an experimental enmuler combustor having sn inner dismeter 0.4
of the outer diameter.

For an engine with a compressor pressure ratic of 7, the maximum
altitude at which 95-percent combustion efficiency is obtainable is ap-
precigdbly higher thsn current fighter eltitude ceilingse. Increasing sea-
level static pressure ratic to 12 increases combustor altitude limits by
providing less severe conditions for combustiion and reducing the effect
of compressor pressure drops on engine thrust. The data indicate that
performance of the combustor need not delsy the use of the higher engine
gir flow rates under discussion.

The problems of handling greater sir flow through the afterburner
are similar to those of the combustor. Afterburner altitude limits,
based on data obtained with an experimental afterburner at the Lewis lab-
oratory (ref. 2), are shown in figure 18 for an afterburner efficiency of
85 percent. (The curve for an 80 percent efficiency would be sbout 8500
feet higher.) Compressor pressure ratio has little effect on the alti-
tude limits imposed by afterburner combustion efficlency. The data show
thet improvement in afterburner alititude efficiency is required to use
effectively the higher air flow rates through the engine.

The problem of handling higher rates of air flow through the turbine
has been discussed in reference 3 by Cavicchl and English.

To increase rate of sir flow through the turbine, either turbine-
ocutlet area mist be increased or the product of density of the gas and
axial velocity of the gas at the turbine outlet must be incressed. IF
the area is Increased and the ratlc of compressor to turbine dlameter
maintained constant, the turbine hub—tip ratio mist be decreased with

consequent increase i increase will
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be closely proportional to the increase 1n gas flow rate. Since the tur-
bine outlet 1s close to the choked condition, to raise the outlet veloc~
ity, the turbine-~outlet temperature, and therefore the turbine-inlet tem-
perature must be raised. Considering the interrelatiouships of the
different varisbles involved, the flow will be dependent on turbine-inlet
tempersture and compressor pressure ratic in the manner shown in figure
19 for a flight Mach number of 1.8 and a turbine-exit axial Mach munmber
of 0.7. ©Since choking occurs in the rotor passage for an average exit
axial Mach mumber nesr 0.7, the air flows given in filgure 19 spproximate
the 1imiting values. The effect of hub-tip ratioc is also shown in the
figure. The curve for a turbine-inlet temperature of 1540° F and & tur-
bine hub-tip ratio of 0,65 corresponds to present practice. The data
show that for air flows in excess of 30 pounds per square foot, either
increased hub-tip ratio or higher turbine-inlet temperature mist be

employed.

According to the data 1in table XIV the flow rate through the turbine
should be about the same as that through the compressor. At current
turbine-inlet temperabures and constant hub-tip ratic (constant annuler
area) Increasing compressor pressure rablo has little effect on flow
capaclty becsuse the drop in pressure across the turbine is almost as
great as the rise in pressure across the compressor. At the higher com-
pressor pressure ratlos, however, large increases In flow capacity of the
turbine can be obtained by Increasing turbine-inlet temperature. For ex-
ample, at a compressor pressure ratio of 12 an increase in turbine-inlet
temperature from 1540° to 2540° F increases flow capaclty spproximetely
30 percent. Or a decrease in the bub-tip ratic from 0.65 to 0.50 permits
the turbine air flow to be lncreased to approximately the values requilred
to take full advantage of the compressor alir flow increases discussed in
relation to figure 16. For no change in engine speed, this decrease in
turbine hub-tip radius ratio, however, is accompanled by a 33-percent 1n-
crease 1n blade stresses.

The amount that turbine alr flow capaclty can be increased without
an accompanying incresse in engine weight is thus dependent on the emount
that increases in burbine-inlet temperature, or turbine blade stress, or
both can be tolerated. With present day turbine materials, these require~

mente are conflicting.

With current turbine-inlet temperatures and turbine materiels, the
turbine-blade tensile stresses at the critical blade section are (ex-
pressed as 1000-hour rupture values) limited to about 25,000 pounds per
square inch. Figure 20 shows an spproximation of the effect of turbine-
blade temperature and masterial on the 1000-hour rupture stress. The data
shown by the solid lines were supplied by Mr. William L. Badger of the
General Electric Company. The dashed lines represent some newer
alloys that sre in the early development stage, The curves show that the
current cobalt- or nickel-based alloys are satlsfactory stresswlise for
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the present turbine-blade temperatures of about 1500° ¥, but thet for
higher stresses the blades must be cooled to lower temperatures. To
permlt stresses 50 percent higher than current values, the blade temper-
stures must be decreased 150° F. For twice the current permissible
stress, the required decrease is 225° ¥. The nickel- and cobalt-base
alloys under development may of themselves extend the permissible stress
to 30,000 or 35,000 pounds per sguare inch, an increase of about 30 per-
cent. The molybdenum-base alloys would provide still greater strength
but until the problem of oxlidation of the alloy is solved, its satisfac-
tory use cannot be assured. Considering current blade material and
turbine-inlet temperatures, the required increase in blade stress can be
obtained by air-cooling the turbine wheel and blades. Figure 21 indj-
cates the amount of engine alr that must be bled from the compressor
outlet to provide this cooling. These data epply to the blade type shown
in figure 21. The loss in the engine efficiency with turbine cooling is
negligible. The loss In thrust as will bhe discussed later is about equal
to the percent of cooling air required, sbout 2 percent for a 300° F tem-
perature drop for the blade shown. The possibility of increasing the
turbine-inlet temperature through turbine cooling wlll be discussed in
the gsection on englne efficiencies.

Effect on Engine Specific Welght of Aerodynamic and Thermodynamic
Performance of Imlet Diffuser, Compressor, and Exhaust Nozzle

Decrease in the welght of material in the engine, as has been men-
tioned, results In & proportional decresse in specific engine welght
regardless of Tflight condition. The same relation 1s true for the
increases in rate of air flow through the engine so far discussed. In
addition, this increase in air flow decreases englne frontal area for a
gilven thrust. Those situaitions will now be considered in which, at high
£light speeds, research and development indicates that the rate of air
flow through the englne or the thrust produced per pound of air flow can
be increased by further improvements in the compressor, the variable-
inlet diffuser, and the discharge nozzle. Improvement of the compressor
will place increased demands on the turbine. Means of meeting these
demends will be discussed.

The airplane speeds -at which such effects become sppreciahle are,
as has been mentioned previously, in excess of Mg = 1.0 at sea level
and in excess of Mg = 1.3 at altltudes of 35,000 feet or greater.
Chenges that may effect improvements at these speeds must be considered
to determine if they will cause any lose in performance at the lower
speeds. The engine compressor and the related turbine problems will be
dlscussed first.
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Compressor
The improvements 1ln eir-handling cepacity of the compressor that #

have been discussed so far are a function of what has been termed aero-
dynamic design of the compressor. This air-handling capacity is a func-
tion of the annular flow area at the firet compressor stage and (neg-
lecting Reynolds number effects) of the permissible average inlet Mach
number, relative to the peripheral eres at this stage. As airplane speed
1s increased, the total temperature of the air is Increased by ram com-
“pression of the alr in the inlet diffuser. The effect of this tempera-
ture increase on compressor performance will be discussed in this
sectlon. o '

5460

If Reynolds number effects are neglected, the aerodynamic perform-
ance of any row of blades in the compressor, and therefore the rate of
air flow into the compressor, depends on two factors: Mach number of the
entering air, relative tc the blades, and angle of attack of the blades, o
relative to this air. - ' ’

The resultant Mach number and angle of attack are functions of the
perlipheral Mach number Mﬁer of the compressor blades and the axlal Mach

number Mg, of the entering air as shown schemsticelly in the diagram of
figure 22.

Peripheral Mach number Mper: is given by:

= __jfff____ (11)
Yoo N ity " :
in whilch
de compressor dlameter at blade section of interest
N compressor revolutions per unit time

Ry gas constant for alr
T ratio of specific hests
to static temperature of the entering ailr

Inlet axial Mach number Mg, 1s mainly a functlon of the peripheral Mach
number: .

Max = f(B'f:pe::') (12)
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For g particular engine, at constent values of turbine area and
engine exhaust nozzle area, there 1s one and only one average axial Mach
number for each peripheral Mach number. A curve representing this rela-
tionship is given in figure 22. The coordinste values ghove the gbscissa
exis and to the right of the ordinate axis will be discussed later. Since
each point on the curve represents & unique value of Mach number and angle
of attack relative to the compressor blades, each polnt also represents a
unique value of pressure ratioc, of compressor efficlency, and of inlet
axial Mach number. Values of pressure rstio relative to the pressure
ratio at the design peripheral Mach number and values of compressor effi-
clency are indicated on the curve. For thls example, the design periph-
eral Mach number is 0.96; on the absclssa scale, this value is labeled
"rate . 11

The upper end of the curve hes two limits. The first 1s a mechenical
limit impoeed by the maximum permissible engline stresses produced by ro-
tative speed. The second i1s an aerodynamic limit and is that peripheral
Mach number that results in compressor choking or in other aerodynemic
limitations such as the need for blade mabtching between stages. Equation
(11) shows that this serodynamic limit may be reached =ither by increas-
ing the engine rotabive speed or by decressing the temperature of the alr
at the compressor inlet.

The compressor 1s generally so designed that under some subsonlc
flight condition, the maximum permissible peripheral Msch number occurs
at the maximum permissible speed. In the figure 1t is assumed that the
maximum peripheral Mach pumber occurs at the maximum permissible speed,
at a flight speed of Mg = 0.6, and an altitude of 35,000 feet or more.
Rated speed and rated periphersl Mach number are glven as 890 percent of
these values.

The rate of agir flow Wy, Into the compressor is given by:

PVax (13)

el

War _
Ae

in which

A. compressor frontal area based on compressor tip dismeter
A, annular flow area at first compressor stage

o) density of inlet air

\Z gxial velocity of 1nlet air
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Since:

Vax = MaxA/TRgrtp (1)
in which

tz statlc temperature of the entering air

equation (13) can be rewritten as:

Yar

= TRertz * A-E’E (15)

C

Combining the temperature terms and converting to total temperature
and pressure at the compressor Inlet 1lnstead of static pressure and tem-
perature, equation (15) becomes:

r+l

-7
= —Z o A/RT (% +-——— M.« ) (152)

Equation (15a) shows the manner in which the rate of air flow into
the compressor variles with the total temperature and total pressure and
with the axisl Mach number. The relgtion between axial Mach number and
peripheral Mach number is shown in figure 22. The values 1n figure 16
were determined from equetion (15a) for conditions of standard sea level
total pressure and temperature.

If the englne 1s operating at rated rpm but the airplane 1s flylng
at such a speed that compressor inlet-ailr temperature, because of ram
compression, exceeds sea-level standard alr temperature, 60° F, the pe-
ripheral Mach number will be decreased below the rated value. Values of
compressor inlet-air static temperature, corresponding to airplane Mach
number from 0.6 to 3.0 at altitudes of ebove 35,000 feet are given to-
gether with the alrplane Mach number on the abscissa in figure 22. The
values are tabulated at the corresponding peripheral Mach mubers, egua-
tion (11), for each respective temperature with the compressor operating
at rated rpm. The alrplane Mach numbers are also tabulsted on the ordi-
nate axis at the corresponding axial Mach numbers. Although the rpm of
the compressor has been malntained at its rated value, the alr flow at
flight speeds in excesgs of My = 1.3 has been decreased below that which

the aserodynamic speed limit of the compressor would permit. The amocunts
are determined from figures 22 and 16 and are tabulated in table V.
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TABLE V. - LOSS IN COMPRESSOR PERIPHERAT. MACH
NUMBER AND AIR FLOW AT RATED COMPRESSOR RPM

[Altitude greater than 35,000 £t ]

Airplane {Percent |[Loss in
speed, rated, air flow,

MPer percent

2.0 85 22
2.5 75 37
3.0 68 48

The specific englne weights given In figure 11 include these losses.

If engine rpm could be increased to values of 116 percent of rated
speed at My = 2.0, 130 percent at Mz = 2.5, and 147 percent at
Mg = 3.0, air flow would in each case be lncreased to the "rated flow"
and specific engine weight decreased by the respective smount shown in
the loss-in-air-flow columm. These increases in rpm would increase tur-
bine blade or compressor stresses (which vary as the square of engine
speed) 35 percent, 69 percent, and 116 percent, respectively. If the
dete In the table were based on the maximum permissgible Mﬁer of 1L.07 M

rather than the rated value of 0.96 M the air flow gains would be accord-
ingly greater.

With a constant exhaust-nozzle area, increesing peripheral Mach
number to the rated value zlso lncresses compressor pressure ratio to the
rated value. This combination of high compressor-inlet air temperature
and high compressor pressgure ratio results 1n compressor-cutlet tempera-
tures higher than desirable. Increasing exhsust-nozzle area at the same
time that engine rpm is increased, will result in a lesser increase in
compressor pressure ratio than shown In flgure 22.

The work of Cavicchi and English, previously referred to, has shown
that the increase in turbine stresses accompanying the higher engine
speeds will be one of the most difficult problems to overcome in bringing
the compressor to rated serodynamic performsnce at high £flight speeds.
The discussion on turbine stresses in relgtion to figures 19 and 20
gpplies. The cooling required to permlt the higher stresses discussed
here will be in addition to that requlred for this previous use. For
instance, to decrease hub-tip ratlioc from 0.65 to 0.50 and at the same
time to permit engine speed to be increased 16 percent (see discussion of
table V and fig. 19) would require a stress increase (1.43%1.35) between
90 and 100 percent.




34 IO RESSSEEE ——- - - - - NACA RM 54H23

Increasing engine rpm for high flight speeds without increasing
engine welght also poses problems such as the ability of the compressor
to withstand the higher stresses. Adequate solutions cannot be assured.

vides a means for increasling airplane celiling by 6000 at & speed of

My = 2.0 and by 9000 feet at Mg =

Inlet Diffuser

The alr-inlet and diffuser system plays en important role in the
determination of effective englne speclfic welght. Mass flow through the
engine, and consequently thrust, is dilrectly proportlonsl to the intske-~
system pressure recovery. In addition, thrust per pound of air ie a
function of the pressure recovery, through its effect ‘on over-all engine
pressure ratio. Drag produced by the intske pystem may also be viewed as
a8 thrust decrement. Therefore, for minimum effective engine specific
weight in a given alrcraft conflguration, inlet pressure recovery should
be at the highest possible value throughout the flight range and inlet
drag should be a minimum. - : -

These inlet requirements can generally be met satisfactorily in sub-
sonlic girplanes through the use of fixed-geometry intake systems, inas-
much as such inlets can be efficlient over a wlde range of air flow and
flight-speed’ conditions. At supersonic speeds, however, inlets have only
a nparrow operating range of flight speed over which they can deliver air
at high pressure recovery and low drag. When flight speed is changed, 1t
1s generally necesassary to vary the inlet geometry in order to obtain both
high pressure recovery and low drag.

As maximum supersonic speed of the alrplane is increased, the lim-
itations of a fixed-inlet design become increasingly severe. It there-
fore becomes increasingly necessary to provide an ailr-inlet and diffuser
arrangement that can be varied both in area and Iin relative shape as
flight Mach number 1s changed. If this requirement is not met, there
wlll be serlous thrust losses during some portion of the flight speed

range.

The extent of the thrust losses that may be lncurred with fixed-
geometry inteke systems and the galns to be obtained from the use of
variable-inlet geometrles are illustrated in figure 23. Thege curves are
basged on calculated lnlet performance data that are in good agreement
with experimental velues. Although the numerical) results presented in
the figure are for an engine operating at constant mechanicel speed, the
inlet-matching problem is qualitatively the same for engines employing
increasing mechanical speed with Iincreasing flight Mach number.

09%¢
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Curves are shown for inlets having design Mach numbers of 0.85 and
2.0. The design Mach number indicates the f£light speed at which the
inlet would supply the engine ailr flow reguirements without splllage
(low drag) and at the maximum inlet pressure recovery currently possible
wlth moderate geometric complication. Both inlet designs incorporate
compareable compresslon surfaces so that they would be capable of operat-
ing at the same pressure recovery levels through the flight speed range.
(An inlet designed for My = 0.85 without a compression range would
achieve the same subsonic performasnce levels as those shown in figure 24.
At supersonic speeds, however, the thrust would be greatly reduced from
the 1ndicated values because of the low pressure recoverles assoclated
with simple normal-shock inlets.) At other flight speeds, the inlets
would either operste with reduced pressure recovery, or with spillage
and increased drag, dependling on the inlet design Mach number. The
increased drag, where present, has been included in the net thrust
evaluation shown in the figure.

The performaence attainabhle with a varlable-geometry inlet is also
Iindicated in figure 23. This Inlet ls presumed to incorporaste a variagble-
angle compression surface. The angle is reduced as flight speed is re-
duced along such a schedule that pressure recovery is maximized at esach
flight speed, while zir epillage is reduced to a low value. Similar,
though not identical, performance could be attained with inlets in which
the compression surface 1s retracted as Mach number is reduced, or in
which excess air 1s discharged through low-drag bypass ports ahead of the
compressor face.

Using the variable-inlet performance as a standard, each of the fixed
geometry inlets shows serious deficiencies. As a result of high air-
flow spillages, the intet having a design Mach number of 0.85 suffers a
16 percent loss in available thrust st a Mach number of 1.5. This loss
is reduced to 5 percent at a Mach number of 2.0. The fixed-geometry inlet
having a deslgn Mach number of 2.0, on the other hand, eliminstes the
thrust loss at Mach mumber of 2.0, but incurs losses as great as 22 per-
cent of the variable-inlet values ai Mach number 0.85. These losses are
caused by low operating pressure recoveriles. Alrplane operation to higher
supersonic speeds than those shown on figure 24 wlll increase the penal-
ties of flxed-inlet operation.

In the computations for figure 11, which shows the effect of airplane
speed and altitude on specific engine weight, diffuser performance similer
1o theat of the varisble inlet was assumed.

Exhaust Nozzle

The exhaust-gas nozzle should provide a throat ares corresponding to
specified conditious of & erature, pressure, and welght flow at the




36 NACA RM 54HZ3

afterburner outlet. Fallure to provide the proper asrea forces asn adjust-
ment in upstream conditions wlth a concomitant change in engine operation
and a loss in thrust. This loss Iin thrust results from a loss in nozzle
efficlency that reduces over-all engine efficiency. It can also cause
throttling of the alr flow through the engline, with losses of the type
discussed in comnection with the diffuser. To fulfill the requirements,
throat ares of the exhaust nozzle must be much larger for the afterburn-
ing engine than for the nonafterburning engine; smaller varlastions are
required by changes in flight altitude and flight Mach number. Maximum
jet thrust. ideally cccurs when the flow undergoes a controlled expansion
to the condition where the Jet static pressure equals the smblent pres-
sure. A controlled éxpdansion refers to one which tskes place over thrust
producing surfaces as camtrasted with a free-jet expansion such as occurs
with a simple convergent nozzle at pressure ratlios higher than the crit-
ical choking value. The amount of expanslon required Increases with Jet
pressure ratico and hence with flight Mach number.

The lmportance of properly expanding the flow at supersonic Mach
numbers 1s illustrated in figure 24 (refs. 4 to 8) for an englne of
advanced design operating at a constant rotative speed and with after-
burning. The altitudes assumed are sea level for flight speeds below
Mg = 0.9, and at the tropopause for flight speeds above Mg = 0.9. Four
nozzle types are shown: (1) a convergent-divergent nozzle with variable
throat and exit areas; (2) a plug-type nozzle with vaeriasble throat area
that provides for controlled expansion over what might be considered an
external surface, (3) an ejector nozzle with varliable throat and shroud
arecas that expands the primary flow lnto a cushion of secondary eir and
thus provides thrust gains over the convergent nozzle by the mechanism
of maintaining back pressure in the secondary flow passsge well above
ambient pressure, and (4) a simple variesble-area convergent nozzle. The
convergent nozzle becomes increasingly poor as flight speed Ilncreases
until at My = 2.5 net propulslve thrust 1s only 77 percent of that
ideally avallsble. The convergent-divergent nozzle indicates less than
8 5 percent thrust loss at the same flight speed. Unfortunately,
the mechanlcal problem of varylng the axially symmetric convergent-
divergent nozzle geometry as required to obtain the indicated performance
over the Mach number range ls difficult. The ejector nozzle and the
plug nozzle, however, represent practical configurations that can approx-
imate the besgt convergent-divergent nozzle performance wlth realistic
geometric variations. Cooling requirements have not been accounted for
in this figure; only the ejector has potentially a built-in cooling
system. In the calculatlions of engine or slrplane perfarmance presented
herein, nozzle performance approximating that of the convergent-divergent
nozzle was used.

Research and development are in progress both on the variable inlet
and on the variable convergent-divergent nozzle. There is no reason to
believe that satisg&gto_ PRI AT &
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Combustion Temperatures

Specific engine weight under eny flight condition can be further
reduced by burning to higher turbine-inlet temperatures thsn the current
maximum of about 1600° F. Since this effect is intimately related to the
engine efficiencies, 1t is discussed later, in the section on efficlencies.

Specific welght of the afterburner englne can be decreased if fuels
can be used that will give higher afterburner combustion tempersastures than
those produced with hydrocarbon fuels. This posslibility is discussed in
the section on fuels.

Engine Efficiliencles

Turbojet-engine efficiency is dependent on the efficiencles of the
engine components; on engine compressor pressure ratio; on the tempera-
ture to which fuel is burned in the conbustor and in the afterburner, if
an afterburner is used; and on alrplane speed and altitude. The effect
of amirplane slititude is secondary and is not considered here. Effi-
ciency of the engine can be dlvided into two major factors: +thermal
efficiency and propulsive efficiency.

Thermal Efficiency

Thermal efflciency can be expressed as the ratio of the increase in
kinetic energy of the gas through the engine to the chemical energy 1in
the fuel used. Thermal efficiency is a function of: (1) over-all pres-
sure ratio of the engine, which, in turn, is the product of ram pressure
ratio in the engine diffuser resulting from the airplane velocity and
engine compressor pressure ratio; (2) tempersture to which the air is
heated during combustion; (3) whether or not an afterburner is used; and
(4) efficiency of the engine components. Thermal efficiency is measured
by recording the data necessary to evaluate the equation:

1/2 whrvjz - 1/2 Wovel

Ten = gihv(£/e)

(18)

in which
Nth thermal efficiency
Wgr mass rate of alr flow through the engine

v Jjet velocity relative to the airplane

J
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airplane veloclty
J mechanlcal equivalent of heat
f/a fuel-air ratio

Equation (16) neglects the effect of fuel weight.

Component Efficiencies

The effect on thermal efficiency of certaln of the component effi-
clencies is shown in figure 25, in which the efficiency of each component
is given relgtive to ite design point value, listed as the current velue.
The effects of diffuser and nozzle performance at supersonlc speeds are
represented only to a limited degree in this figure. In general, it can
be said that irmprovements in the efficiency of any one engine component
over the maximum values now obtained will not have a mejor effect on
engine thermal efficlency, but since the effects of such improvements
are complementary, small improvements in each are worth while. Examine-
tion of portions of the curves to the left of the "current values" point
indicates the importance of obtalning high efficlencles gover the whole
engine operating range. From this standpoint, there 1s appreciable re-

search and development to be done, particularly in regard to the diffuser,

combustor, afterburner, and nozzle. High diffuser, compressor, turbline,
and nozzle efficlenciles over a wide range of condltions become increas-
ingly harder to maintaln as airplane maximum flight speed is increased.

The question of matching these engine parts over the whole range of thrust

required should be the subject of intenslve research and development.
Combustor and afterburner efficiencies, as polnted out previously, tend
to decrease as altitude 1s increased, particularly at the lower airplane

speeds.
Effect of Alrplane Speed and Turblne-Inlet Temperature

on Thermal Efficiency

The effect of engine over-all pressure ratio on thermal efficlency
can be expressed as:

T-1

——

Ugp = T l‘(Pl>T (17)

Tr,e

in which over-all pressure ratio, P, ., is the product of ram pressure

ratio and compressor pressure ratlo at the flight condition under con-
slderation. The effect of alrplane speed on ram pressure, assuming full

recovery, i1s gilven in _YT.~3

3460
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TABLE VI. - EFFECT OF ATRPLANE SPEED ON RAM PRESSURE RECOVERY

Alrplene speed, Full-ram-recovery
M, pressure ratio
0.5 1.2
1.0 1.9
1.5 3.7
2.0 7.8
2.5 17.1
3.0 36.3

Since both ram pressure ratio and compressor pressure ratio (fig. 22)
are funections of airplane speed, thermal efficlency is also a function of
airplane speed, as shown in figure 26. Curves are shown for several
values of turbine-inlet temperature T, of a nonafterburning engine and
for one turbine-inlet temperature (15400 F) of an afterburning engine.
For the nonafterburning engine, two sea-level statlc compressor pressure
ratios, 6 and 12, are used. With the afterburner in use, the effect of
compressor pressure ratio over the range shown is negligible. The curves
show essentially three points: (1) For the nonafterburner engines, ther-
mal efficiency is increased by goling to higher turbine-inlet temperatures.
(2) For the nonafterburner engines, as airplene speed is increased ther-
mal efficiency passes through e maximum. The speed at which this maeximum
occurs is increased as elther turblne-inlet temperature is lncreased or
compressor pressure ratio is decreased. (3) Thermal efficlency of the
afterburner engine is lower than that of the nonafterburner engine, ex-
cept at airplane speeds materlally in excess of that at which the pre-
viously mentioned maximum occurs. This maximum results from the fact
that as sirplene speed 1s incressed, over-all engine compression ratio
increases (at M, = 2.0 and an altitude of 35,000 feet to shout 30 and
60, respectively, for compressors of 6 and 12 sea-level statlc compressor
ratio) with a resultant increase in compreesor-outlet temperatures. For
a given turbine-inlet temperature, thls successively higher compressor-
outlet tempersture permits successlvely smaller emounts of fuel to be
burned, with consequent reduction in energy input. Since the quantitative
losses in the compressor and the turbine do not decrease, a polnt is
reached at which the increasing ratioc of these losses to energy input
become dominant in regard to thermal efficiency.

In figure 27, the data are replotted using for each flight condition
the sea-level static pressure ratic that glves optimum thermal efficiency.
Up to My = 2.0, the curves are essentlally those of figure 27 for the
pressure ratio of 12. From My = 2.0 to My = 3.0, the sea-level static
pressure ratioc is decreased from about 12 to a little less than 6. In
this figure, the relative effects of change in turbine-inlet temperature
and use of an afterburner are clearly brought out.
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Propulseive Efficiency

Propulsive efficiency of the engine 1s the ratio of work dome per "
unit time on the airplane (that is, engine thrust or airplene drag times
the distance flown per unit time) divided by the kinetlic energy produced
in the exhaust gas while the sirplane is traveling this distance. Using
as the distance the distance traveled in unit time, the propulsive effi-
ciency Tp le gilven by:

Fva (18) 8
Tl =
P Z 2 3
1/2 wgpvy® - 1/2 wg,vy
In equation (18), the effect of fuel mass i1s neglected.
Since . . : - . S
F = W(Vj - V'a) (lg)
2v
R -
TIP = V,j + Vz (20)

Figure 28 shows the effect of airplane speed on engine propulsive ef-
ficlency. The curve shows that use of the afterburner affects propulsive
efficiency, but not nearly as much as airplane speed does. There is slso
a relatively smaller effect due to lncreasing turbine-inlet tempersture. 5

Over-All Effilciency ,

Over-gll efficiency of the engine 1, 1is the product of thermal and
propulsive efficlencies. Figure 29 shows the effect of flight speed on
over-all efficlency.

The values of F/w,, listed at Mg = 1.8 are the thrust outputs of
the engines repregented in terms of thrust per pound of alr flow through
the engine. If the engines under consideration all have the sgme com~
pressor tip dlameters, the specific englne welghts at the alrplane speed
of Mg = 1.8 sare inversely proportional to these values of F[war if
account 1s taken of whether or not the engine has an afterburner. An
afterburner 1s consldered toc edd 25 percent to englne weight. The spe-
clfic welghts so computed, relative to the specific welght of an engine
opérating at current cowbustion temperatures, are listed in table VII.

It is noted that up to an alrplane speed of Ma = 2.5 incressing the

turbine-inlet temperature decreases the overall efficiency. This effect
results from a decrea51ng propulsive efficiency with incressing turbine-~
inlet temperature. -
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TABLE VII. - RELATIVE SPECIFIC ENGINE WEIGHTS AT Mg = 1.8

FOR DIFFERENT TURBINE-INLET TEMPERATURES

AB. | Ty, Ts, Relative speclfic
op op welght

Yes 1540 3040 1.00
Yes 2040 3040 .90
Yes 2540 3040 .85
No 1540 ———— 2.00
No 2040 ———— 1.26
No 2540 ——— .96

Additional data indicative of the effect of turbine-inlet temperature
on specific engine weight are shown in figure 30. Values of thrust per
pound of air are given as & function of turbine-inlet tempersature and air-
plane speed. In determining figures 29 and 30, & varisble inlet and a
convergent-divergent nozzle (figures 23 and 24) were assumed and the appro-
priate efficiency and thrust losses included.

In the Mg = 1.5 to Mg = 2.0 range, if a turbine-inlet tempera-
ture of 2500° F can be used, specific weight of a nonafterburner engine
will spproximate the specific welght of the afterburner engine using
current temperatures. For this higher temperature, the nonsfterburner
engine will have an over-all efficiency 50 percent higher but, as will
be shown later, specific area will be Increased 20 percent.

The previous discussion has indicated that turbine-inlet temperature
of 2000° F or more in engines of contemporary design cannot be assured
through the use of new turbine blade materials. Turbine cooling at pres-
ent offers more chance of permitting such temperatures then improved
materials. In the calculations for table VII and figure 30, no allowance
is made for engine performance losses accompanying the cooling that would
be required to permit these temperatures with current turbine materials.

Cooling as a Means of Permititing Higher Turbine-Inlet Temperatures

The operetion of turbojet engines at the higher turbine-inlet tem-
peratures will require cooling of some engine components beside the tur-
bine so that the material temperatures will not exceed that permissible
for the stresses imposed. These additional parts are the combustion
chambers, the tailpipe section (including the inner "bullet"), the after-
burner shell, and the exhaust nozzle which may include & plug for varying
area and divergence. The alr used for cooling (either air bled from the
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compressor or ram &air) is diverted from the main thermodynemic cycle.

Heat is transferred to this elr during the cooling procesg and the cooling

alr is then mixed with the other air in the Jet nozzle and expelled. In ¥
some respects, the cycle of a cooled engine is similar to that of a by- '
pass engine. Any Jloss in engine efficlency caused by sir-cooling results

from pressure losses in the cocling air.

For the non afterburner engine at any turbine-inlet temperature, tempera-
ture of the gases at the exhaust nozzle will be lower for the alr-cocled
turbojet engine than for the uncooled engine because of the dilution of the
combustion gases by the cooling air. Because of this lower temperature,
thrust level of the cooled engine will be lower than that of the uncooled
turbojet engine (about 1 percent for each 1 percent of compressor bleed air).

ZArA

Much experimental work has been and 1s being conducted, notably at
the Lewis lsboratory of the NACA, on means of cooling turbine nozzles and
blades without using excessive amounts of cocling fluid. The use of 1li-
quid coolant is being warked on but not extensively. Some of the results
of the research on elr cooling, using the blade type shown in figure
21, are shown in figure 31. The results in figure 31 are applicable to
alrplane speeds up to M, = 2.5. At higher speeds, elther more cooling
alr 1s required or there must be intercooling of the cooling alr between
the compressor outlet and the turbilne inlet. It 1s seen that under the
conditions tested, coollng-dir gusntities of about 10 percent of the total
engine alr are required to permit turbine-inlet temperatures of 2500° F

and at the same time maintain the turbine blades at current blade .
temperatures. .
Sufficient knowledge 1s probably now evallable to permit design of .

alr-cooled turbines and turbine blades sultable for turbine-inlet temper-
atures of 2000° F. Additional reseasrch and development will probably
provide means of achieving turbine-inlet temperatures of 2500° F at air-
Plane speeds up to M, = 2.5.

Besldes offering the lmproved cycle efficiencles assoclated with
higher turbine-inlet teumperatures, cooling also provides the means of _
permitting increased gas flow capacity through the turbine, as disrcussed )
previously in comnection with figure 19, and of increasing the permissible
turbine stremses as dlscussed in relation to figures 20 to 22.

Estimates of losses in thrust aend efficiency incurred by the necessary

cooling-alr expenditures considering the englne ae & whole are shown in

figure 32. The data are for an engine with a sea-level pressure ratio of S
12 to 1, 8 turbine-inlet temperature of 2040° F, and an efterburner tem- .
perature of 3040° F. C(ooling alr for the afterburner shell 4s assumed to _
be supplied at ram pressure, and compressor dlscharge bleed air is di- o
verted to cool the turbine and the exhaust nozzle plug. The data of fig-
ure 32 are based on.an engine designed to current values of turbine

centrifugal stress.
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The solid curves represent the calculated performance of the engine
based on the temperastures specified, but with no diversion of cooling air
to any of the components; in other words, the high temperature perform-
ance was assumed to be obtained withoul any penalty for cooling. The
dotted curves represent the performance with cooling penalties agsessed
in accordance with the estimated cooling loads that would be imposed on
the c¢ycle. The loss in thrust per pound of compressor alr flow 1s seen
to be less than 5 percent in all cases; the loss in over-all engine effi-
clency is inconsequential at subsonic velocitles, and increases to 4 per-
cent at My = 2.0 and 9 percent at M, = 3.0. These penaltles are not
large in comparison to the improvements in performance that are obtained
with high cycle temperstures at the higher Mach numbers.

For higher turbine-inlet temperatures (2500° F), the cooling require-
ments become more severe, and practically all components exposed to the
combustion gases will requlire cooling. Experlmentasl investigations con-
ducted gt the lLewls laboratory with various combustor designs indicate
that major changes in deslign will not be required to permit operation at
turbine-inlet temperstures up to 2500° F. No experimental information on
cooling has been obtained at these higher tempersatures. Simple convection
cooling designs with air ducted through an annuler section can bhe used
for tailpipe cooling of nonafterburning engines. Ram ailr can also be
uged as the cooling medium for most appllications. If high temperatures
at low flight speeds are desired, compressor bleed or exhaust electors
will be required. The air quantities required are small, and the heated .
cooling air can be expended through a nozzle to obtain thrust.

In considering higher turbine-inlet temperatures, attention must be
given to the effect of this type of engine operation on cruise (part-
throttle) operation. For an analysis of this effect, an interceptor is
considered that is designed for combat at 50,000 feet and My = 2.0 and
for crulse gt 35,000 feet and Mg = 0.9. It is further assumed that the
L/D at combat is one-fourth that at crulse; that is, the required combat
thrust is four times the cruise thrust. These values are representative
of current interceptor design (see fig. 10).

Two engines are considered: one operating under current conditions,
that is 1540° F turbine-inlet temperature and 3040° F afterburner tempera-
ture; the second, a nonafterburner engine with a turbine-inlet tempera-
ture of 2540° F. At the cruise altitude and Mach number and at various
engine throttle settings, the ratio of available cruilse thrust to full
throttle thrust at the combat flight condition is computed. The results
are shown in figure 33. In these data, the turbine cooling losses have
been included. With the sfterburner engine, afterburner control from
zero augmentation to full augmentation is assumed. The dsgta show cruise
ePficiency of the high turbine-iniel temperature nonafierburner engine to
be about one-tenth less than that of the afterburner engine. The high
engine efficiency of the nonafterburner engine at full throttle is again

T e
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Additional estimates on the effects of higher turbine-inlet tempersa-
tures are presented 1n table VIII. The data apply to the two englnes
considered in figure 33 and an afterburner englne with a turbine-inlet
temperature of 2540° F and an afterburner temperature of 3040° F. Esti-
meted values of englne efficlency, speciflc wejight and relative frontal
area gt two flight conditions are presented. The table agaln shows that
high turbine-inlet temperature decreases engine frontal area and specific
welght of the afterburner englnes. It alsc shows the increase in frontal
area for a given thrust that accompanies use of high turbine-inlet tem-
peratures without an afterburner.

Because of the apparent lmprovements ln engine performance obtain-
able through use of turbine cooling, additionsl detslled research and

development is required on problems assoclasted with other engine components

that are posed by its use. Additional development effort 1s slec needed
on the problems presented in using turbine cooling to assist 1n achieving
the three objectives discussed in relation to it: (1) greater gas flow
rates through the turbine, (2) higher turbine rotational speeds, and (3)

higher turbine-inlet temperatures.

TABLE VIII. - EFFECT OF AFTERBURNER AND TURBINE-INLET

TEMPERATURE ON PERFORMANCE

Flight condition SLS Pressure ratio, 12 SLS Pressure
ratio, 6
Engine (1) {(2) 1 (3) | (1) | (2) | (3)
AB. | aB. |wo aB] aB. | AB. |No AB.
Mg 2.0 Ne;, Dercent 24 30 42 24 28 36
50,000 ft Rel. sp. eng. wt | 1.00 {0.84 [1.04 (0.98 |0.91 |1.04
Combat thrust Rel. aresa 1.00 .84 |1.22 .98 .92 {1.22
Mg 0.9
35,000 £t Ngs Percent 23%  |a0¥ 21 | 18% | 16¥ 17
% Combat thrust
Engine (1) aB. | (2) AB. |(3) No AB.
Engine tempergtures | Turbine inlet 1540 2540 2540
at combat, °F Afterburner 3040 3040 —

*¥pfterburner off.

i“
Ml
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Fuel Heat of Combustion end Maximum Combustion Temperstures

An Increase in fuel heat of combustlon glves a directly proportional
increase in range (eqs. (3) or (4)). Increasing the combustlon tempera-
ture increases thrust per pourd of air end therefore decresses specific
welght of the engine; or, as generally considered, increases thrust out-
put of a glven engine.

Hegt of Combustion

The determination of those fuels which will produce chemical hests of
combustion higher than those cbtained with conventional hydrocaerbon Jjet
fuels can beat be made by plotting the atomic number of the elements
ageinst the heats of combustion of the elements, figure 34. The expected
periodic variation in such a plot of a chemical propexrty is obtained.

For reference, the approximate heat of cowbustion for the current hydro-
carbon fuels (JP-4), 18,500 Btu per pound, is included. The data show
that the elements of interest with respect to high heat of combustion,

in addition to hydrogen and carbon, are 1lithium, beryllium, and boron.

The heat of combustion of lithium is not sufficlently higher than that of
carbon to make lithium of much interest. Beryllium will not be considered
because of its scarcity and extreme toxicity. In addition to hydrogen and
the hydrocarbons, then, boron and the hydrides of boron sre the fuels on
which emphasis should be placed. Two boron hydrides, diboreane (BZEG)’ and

pentaborane (B5H9), have been under investigation for some time. Under
normal aimospheric conditions dlborane 1s a gas and therefore poses the
Inbherent difficulties associated with the use of a gaseocus fuel. Penta-
borane, a liquid of about 15 percent lower density than the liquid hydro-
carbon fuels, has, as ilndicated, a heat of combustion gbout 1.5 times
that of hydrocarbons. Pentaborane, therefore, offers a potentlal range
increase of about 50 percent. The dlsadvantages of the fuel are that it
is dangerously toxiec, it is unstable, it has s0lid combustion products,
and 1t is expensive to wmanufacture.

Under the auspices of the Bureau of Aeronautlics, United States Navy,
an Investigation ls under way to determine to what extent a fuel of
satisfactory properties, but with a heat of combustion approaching that of
pentgborane can be synthesized from the elements hydrogen, boron, and
caxbon. The ternary chart in figure 35 shows the effect of the relative
proportione of these three elements on the heat of combustion of such a
fuel. The calculated lines of constant heat of combustion shown in the
chart, together with the measured values for diborane and pentaborane,
were obtained from reference 9; the value for acetylene was obtalned from
the National Bureau of Standards; other measured valuss were supplied by
the Mathieson Chemical Corporation. The calculated lines show the gen-
eral trend of varying the percentage composition on heat of combustion,
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but the values given by the lines do not necessarlly apply to each of the
individusl compounds listed; for example, acetylene.

Research has shown that adding hydrocarbon constituents to the
boron-hydrides does much to reduce cost and Improve handling qualities
of the fuel by décréasing toxlcity. The chart (fig. 35) shows that cer-
taln such fuels, decaborane-ethylene for Instance, have heats of combus-
tion about 1.4 times that of current Jet fuel. 1In addltlon, these com-
ponents have better phy31cal properties and less toxicity than does
pentaborane.

When a boront fuel is hurned in the primary combustor of an urmmodi-
fied turbojet engine, solid combustion productes (boron oxides)} are formed
ahead of the turbine; these producte tend to deposit to a prohibitive
extent in the combustion chamber and on the turbine nozzles and blades.
Elimination of this problem will not be easy, but progress 1s being
made.

Use of = boraneé fuel in an afterburner with a conventional hydrocarbon
fuel in the primary combustors would, at Mgy = 2.0, give about a 25 to 30
percent effective heat of combustion increase over that uslng JP-4 in the
afterburner and therefore range lncrease 25 to 30 percent. Another ad-
vantage of the boron-hydride fuel ig that 1ts combustion efficiency is
depreciated less by lncrease in altitude than 1s that of hydrocarbon fuel.
The extent to which combustion efficiency of hydrogen-boron-carbon fuel
wilill be affected by altitude is not known.

Maximum Combustion Temperatures

The elements that should be considered as fuels that burn to higher
temperatures and thus produce additional thrust augmentation are indicsted
in figure 34. Aluminum or magnesium give appreclably higher combustion
temperatures than do the hydrocarbons. BSilicon and phosphorus should have
gbout the same values ag sluminum and magneslium. Borcon shows gome ilmprove-
ment over the hydrocarbons. It is questionable that other elements are
of interest, because of the generslly lower heats of combustion at atomic

nunbers above that of phosphorus.

Both magnesium end eluminum heve gppreclably lower heats of combus-
tion than do the hydrocarbons although their combustion temperatures are
higher. This fact means that their high combustion temperstures are ob-
talined at the expense of high fuel-air retilos and therefare high specific
fuel consumptions (that is, lower values of hn, even though 7, remains

high) .
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The relation between combustion temperature asnd thrust is given by
the equations:

F = [(1+2/a) vy - vg] (21)
in which
F thrust
Wor welght flow of ailr per unit time

f/a. fuel-alr ratio
Vg glrplane velocity

Vs Jet velocity

and
Y-l

vy= K -?ﬁ 1 - (Pp,y) v (22)
in which
K a constant
T conbustlion tempersature
m average molecular welght of exheaust products
Pr,x expapsion ratio of gases

Augnentatlion values computed for the fuels of interest are shown in
table IX. The specilal fuels are assumed to be used in the afterburner
only, with JP-4 being used in the combustor. The data show that substi-
tution of other fuels for JP-4 1in the afterburner of a turbojet engine
mgy produce theoretilcal lncreases in sugmentation of up to 40 percent.
Research on powdered megnesium slurrles in JP-4 is belng conducted with
considersble success. Over-all fuel consumptlon rate would be gbout the
same for a 40-percent augmentatlon ratlo, whether the sugmentation is
obtalned by use of msgnesium as a supplementary fuel or by use of aux-
iliary rockets.
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TABLE IX. - EFFECT OF AFTERBURNER FUEL ON RELATIVE

TURBOJET AUGMENTATION, AIRPLANE SPEED

Mg =0 TO M, =1.0

Fuel Thrust ratio, Afterburner sfc,
Aug thrust combustion, |1b fuel-hr/
Aug thrustpy p Ts, - 1b thrust
e Cglig | 7 o s
°F
CoHigh 1.00 3700 2.1
8™186 . .
Hp 1.04 3700 1.2
B 1l.11 4600 2.7
BoHg 1.09 4300 2.1
Al 1.27 5200 5.3
Mg 1.42 6000 6.3

*Representative aof JP-4,
**Assundmg stoichiometric mixture.

FUEL AVAILABILITY

The aveilability of turbojet fuel is determined by the amount of the
crude products that are avallable, the percentage of the products that
can be allotted to production of turbojet fuel, the cost in men and mate-
riasls of the refining or manufacturing process, and the limits on quan-
tity of the finished products imposed by the fuel specification.

In regerd to the speclal fuels mentioned, the avallability of boron
is probably sufficient for specislized use. Based on present knowledge,
the cost of manufacturing a hydrogen-boron-carbon fuel is high and may be
the controlling factor in determining the extent of i1ts use. Magnesium
is sufficlently plentiful for magnesium slurry iln petroleum fuel. Cost
of the powder in quantity production will probably be about $0.50 a
pound. :

Figure 36 shows the avallability of petroleum fuel, currently JP-3
and JP-4, in relation to the respective fuel specifications. The fig-
ures sre based on the finished product in relation to the total of crude
oil available and do not consider the many other uses for which the

=

£ =7
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components of JP-3 and JP-4 might be required in event of an all-out emer-
gency. Total crude oil gvailable, in case of an all-out national emer-
gency, is estimated to be 8 million barrels a day. The extent to which
the amount of turbolet engine fuel available may be decreased by more
restrictive specifications is indicated 1n the comparison of the figures
for JP-4 with those for JP-3. Current thinking is that such a decrease
in fuel availebillty is advisable in order to increase fuel quality wilth
consequent lessening of engine malntenance. Successively higher flight
speeds st high altitudes, with the accompanying higher temperatures to
which fuel in the airplane will be subjected, will require further elimi-
nation of the lower boiling tempersture (gasoline) constituents and will
thus further decrease quantity available.

Because of the other fuel requirements, all the fuel indicated in
the turbojet fuel barrel will not be available. Estimates are that 25
percent of the total crude, that is, 2 million barrels per day of Jjet
fuel, will be allowable. Assuming an average engine efficiency of 20

percent, 2.0x10% barrels of JP-4 a day would provide leoll pound thrust-
miles & day. Assumling, for example, an aversge alrplane weight of 50,000
pounds and an average airplane I/D of 10, this fuel quantity represents

SXlO7 airplane-miles a day.

LUBRICATION

Provision of adequate lubrication for the turbojet engine at high
Flight speeds presents problems that will be solved only through intensive
research and development. At Mach 2.0, the stagnstion tempersture (NACA

stendard day) is 240° F; at Mach 2.5, 400° F; and at Mach 3.0, 600° F.
The magnitude of the lubrication tempersature problem will depend upon the
duration of high-speed flight time. If this time is long enough that the
temperature of the alrcraft spproaches the stagnation temperature, the
problem is severe. .

It becomes apparent that unless mechanical refrigeration is used
Jubricants and bearings must be developed to withstand higher tempera-
tures. Table X shows bulk lubricant and bearing temperatures based on
assumptions that bulk lubricant temperature is 50° F higher than stagna-
tlon temperature and bearing tempersture is 150° F higher.
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TABLE X. - ESTIMATED EFFECT OF ATRCRAFT SPEED ON BULK

LUBRICANT AND BEARTNG TEMPERATURE

Ma<h no.(a) Bulk lubricant | Meximum besr-
M, temperature, ing temperature,
OF
2.0 290 o 390
2.5 450 550
3.0 650 750

(2)sustained flight sbove 35,000 feet.

The presently used bearing material, SAE 52100 steel, is limited to highly
loaded bearing applications below 350° F. Above this temperature, two
changes take place that make it unsuiteble. BStructural changes take place
that cause permanent dimensional increases, end the materisl softens..
Proper heat treatment can ralse the dimensional stability limit of SAE
52100 to 400° F; the material will, however, be softer than is desirable.
Tool steels have sufficient hardness and dimensional stability up to
800° F; to date, however, there are insufficient data available to tell

if they will have satisfactory fatigue life.

Frictlon between steel and the material currently used for bearing
cages, iron-silicon-bronze, is almost constant up to 600° F. As tempera-
ture ls increased above that value, frlction increases considerably. Use
of other materials, such as nodular iron or certaln of the nickel alloys,
whose coefficient of.friction decreases with increase in temperature,
will posgibly aelleviate this problem. Past difficultles with cages at
moderate tempersatures indicate that development of adequate cages for high
temperatures will require substantial effort.

Provision of a lubricant that will operate satisfactorily at the
higher temperatures slso appears difficult. Present synthetic fluilds,
such as the diesters, are adequate for bearing temperstures up to 500° F,
if bulk lubricant tempersture does not exceed 350° F. If a closed system
is used that limits the amount of oxygen that may contact the lubricant,
allowable bulk lubricant temperature may be increased to 500° F. For
bearing temperatures above 500O F, it seems probable that solid or gaseous
lubricants will be required.

CRITICAL MATERTAIS

The section on engine efficlencies discussed the development of
engine materials to withstand higher turbine-inlet temperatures. This
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section discusses the avallabllity of materilels in relation to turbojet
engine construction. The materials whose avallebility may 1imit the
gircraft-engine production are the elements cobalt, columbium, chromium,
nickel, molybdenum, and tungsten. For current engine usage, titanium
1s not limiting. This situstion can change markedly with decreased
titanium production costs and consequent incressed demands.

Figure 37 shows the way in which each of these limiting or ecritical
materigls is distributed among the major components of turbojet engines.
The values are averaged from data for the englnes produced in the United
States. Cobalt, columblium, molybdenum, and tungsten are used only in the
turbine and afterburner, but chromium and nickel are distributed fairly
uniformly emong all the components. The total welght of these critical
materials is generally sbout 17 percent of the gross englne weight for
either nonafterburner or afterburner engines.

In unpublished data, W. H. Woodward of the NACA staff has shown
(fla: "58\ that for the J-'SE'S J-34, J- 35, J-40, J-42, J- 47, and J-48
engines (represented by "diamonds") the distribution of the critical mate-
rials can be convenliently shown in graphlical form. In each case, the
amount of each critical materligl, or group of materigls, is given as a
percent of the total welght in the engine of all the materisls listed in
the figure. For these earlier turbojet engines, columblum end cobalt
were the metals that would limit engine production in case of & national
emergency (ref. 10}). The data represented by the three squares are for
more recent engines, in whlch the msnufacturers have used but little cobalt
and columbium. To the extent that these three points represent current
deslgn procedures, they show that cobalt and columblum can be reduced to
2 percent or less of the total critical material. They also indicate
that as the ratioc of nickel to chromium is inereased, the cobalt-
columbium-tantalum percentage and the molybdenum-tungsten percentage
decrease.

The + symbol in figure 38 indlcates the target for the average
distribution of the materials, considering all engines produced, set in
1952 by the then existing Munitions Board (ref. 10). This anslysis
gllowed for use of these critical materials up to 10 percent of the total
engine welght; compared to the current value of 17 percent.

Nickel and chromium are currently believed to be the materials that
would limit productlion of aircraft turbojet engines in an all-out nationsl
emergency. Chances are slight that the smounts of these materials that
can be mined within the United States and adjacent territories will in-
crease beyond present estimates. The data presenting the relative values
of requirements snd availsbility were assembled in 1952 (ref. 10).

In table XI, using the 1952 values, the amounts of virgin nickel and
virgin chromi juired. Iﬁr : and the estimated total amounts




52 = e

NACA RM 54H23

available for turbojet engine production asre tabulated. The amounts
avallable are based on conditions of mexlmum permissible avallabllity
from North America and the adjacent islands and include such stockplling
as was then planned. Under current practice, the amount of virgin nickel
or chromlum reguired to build an engine is roughly four times the amount
that remains in the finished engine. .As shown in the second part of the
table, it is estimated that with rigid screp and discarded parts control
this ratio could be decreased to sbout 2 to 1, with a corresponding in-
crease In the number of engines produced. The 5000-pound engine used as
an example would glve a sea-level statlc military rated thrust of 11,000
to 15,000 pounds, approximately that of current engines.’

3460

TABLE XT. - ESTIMATED ENGINE PRODUCTION AS LIMITED BY NICKEL AND CHROMIUM

Nickel Chromium
Virgin metsl availsble/year ,
(5 yr period) 1bs 108x106 | 190x10%
Under current practice
Virgin metal required/engine,
percent engine weldght 30 38
Losses: ~ — . - =Y -
Mill and melt, percent engin -
welght " ' 6 7
Fabrication, percent englne
weight 17 a2 »
Virgin metal in finished engine,
percent engine welght 7 9
No. 5000-1b engines/year 70,000 100,000

With rigld scrap and discarded

parts control

Virgin metal required/engine,

percent englne welght 15 195
Losses:
Mill and melt, percent englne
welght 5 6
Fabrication, percent engine
welght 3 4
Virgin metal in finished engine,
percent engine weight 7 9 .
No. 5000-1b engines/year 140,000 200,000
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The practicabllity of considering other elements as replacements
for the alx elements listed as critical materials can be evaluated from
& conslderation of a plot of melting temperature against atomlc number
for the various elements, together with information on the availebility
of the elements. These data are given 1n figure 39. Again, the periodic
variation of the property under examination 1s noted. The relative abun-
dance figures indicated by the symbol code represent current world pro-
duction, and the values &t the plotted points {(from ref. 11) indicate
the percentege of current world production of the material that i1s mined
in North Amerlca and the adjacent islands. For a material tc be con-
gidered for more than 5 percent use in the complete turbojet engine, the
relative abundance figure should be 15 to 50, or greater, and the per-
centage mined in North America 10 percent or grester.

Metals are required that have a melting temperature equsl to or
gbove that of the nlckel-cobalt-chromium group and are sbout as available
as these metals. The only higher meltlng elements that are sufficlently
availeble to warrant considerastion are molybdenum snd tungsten. Alloys
containing these materisls have and are being worked on. The strengths
of tungsten alloys have. so far heen disappointingly low. The molybdenum
alloys appear more favorable; but unless means of reducing thelr oxida-
tion are found, their satisfactory use cannot be assured. There are
only two additional elemenitis that have melting temperatures in the range
of those of nickel, cobalt, and chromium: vanadium and titanium. De-
velopment has been carried out on vanadium alloys, but so far the brit-
tleness of high-temperature vanadium alloys has not been eliminated.
Work on this metal is continuing. Although research on titanium is
proceeding, its characteristics as a major constituent of high-
temperature alloys are still unknown.

The data in figure 39 indicate that further rellef in the critical
meterial situation through substitution of materials cannot be assured.

Cermets (mixtures of ceramics and metals) and intermetallics are
being Investigated as materials for turbine blades. Work is being done
to obtein turbine blades that will permit turblne-inlet temperatures of
2000° F or higher, but success is far from certain.

If figures presented in table XTI 46 not show a sufficlent number of
pounds of alrcraft engines under national emergency conditions, a reex-
amingtion of the materials situation 1s in order.

CONCLUSIONS

Airplane Performance

The results of tk S8 15 have shown that for combat alrplanes
with welght distribl VNI SUPT UL R EN - tameent 1y in use, airplane
performance is affected by the major al 2 O ®noine variables as
follows: - .
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l. Except as alirplane take-off or landing runs is limited or as
range ies of secondary importance, gross weight of the sirplane at take-
off is largely determined by military load. In general, a gross weight of -
12 to 14 times the military load gives a reasonable compromisge between
range and gross welght.

2. The range of each class of airplane (that 1s, fighter, bomber,
ete.) is for the most part, determined by heat of combustion of the fuel,
efficlency of the engine, snd lift-drag ratio of the alrplane. Range
wlll be lncreased directly as each of these variables is increased.

3460

3. Where gross weight is limited by take-off or landing facilitles,
increase in sirplane lift-drag ratlo is the most effective means of per-
mitting the required range, altitude, and speed to be maintained with
continually increasing military load. For the bomber, increase in fuel
heat of combustion or in engine efficlency, or decrease in specific
airframe weight® are equally effective, although these changes are some-
what less effective than increase in airplane 1lift-drag ratio; decrease
in specific engine weight® is least effective. With the fighter, decrease
in specific girframe weight* is almost as effective as increase in lift-
drag ratlo; next in order of effectiveness is decrease in specific engine
weight*, and least effective is Increase in the heat of combustion of the
fuel or 1in effieliency of the engine.

4. The most effective method of increasing permlssible alrplane
gltitude, assuming the 12 to 14 ratio hetween gross welght end military ,
load is to decrease englne specific weight or to increase airplane 1ift-
drag ratic. In elther case, a 1l0-percent improvement results in a 2500 -
to 3000-foot increase 1in alrplane celiling. If the alrplane welght dis- Y.
tribution is not changed, a glven increase in 1ift-drag ratio will at
the same time result in a proportionel increase in range.

5. Atteinment of military sirplane speeds grester than Mach 2.0 will
for -the most part be dependent at high altitudes on solution of the
prohlems imposed by the high stagnation temperatures. The heating prob-
lems are probably equally divided between the airframe, the propulsion
system, and the military load. At low altitudes, such speeds will be
dependent on the rate_at which higher engine pressure loads can be tol-
erated. without increasing engine welght. ’ B

6. The size engines required, as defined by sea level military rated
thrust, 1s dependent on (1) that flight condition which requires the high-
est value of the product of the ratio of thrust to alrplane gross weilght,
and ratio of thrust available at sea level to thrust avaeilable under this
condition, and (2) the number of engines in the sirplane. As combat alti- -
tude 1s incressed, the required sea-level statlc military rated thrust for
a gilven gross weight sirplasne i1s Increased. With current fighter airplane

¥Assuming the decriamRSHTELESE) 19 indréafesthd rdtio of fuel to gross
welght. : .
® e
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welght distributions and lift-drag ratios, for a combat altitude of about
60,000 feet at M, = 2.0, the available take-off thrust will exceed the
airplane gross weight at take-off. For current military loads, such
fighters will require multiple engines or single engines delivering in ex-
cess of 20,000 pounds military rated ses-level static thrust. These high-
altitude thrust demends will require that specific engine weight at take-
off be about two-thirds current value. As research resulte in improvements
in aerodynamic compressor performance at high airplane speeds and improve
combat lift-drag ratio, engine size demands will lessen.

Propulsion System

The turbojet engine data asnalyzed in the report have indicated that
the three major propulsion-system varisbles (specific engine weight,
engine efficiency, and fuel heat of combustion) csn be foreseesbly im-
proved as follows. '

Engine Specific Weight

1. Specific engine weight will be decreased ta gbout two-thirds the
current value through improvements in the air-handling ability of engines.
This decrease will apply through the whole flight range and will be ac-~
companied by an equal decrease in specific engine ares.

2. Further marked decreases in specific engine welght will be re-
alized through improvements in mechanical design knowledge that allow
less metal to be used in a given size engine. This phase of turbojet
engine development is belng emphasized heavily.

3. Specific engine weight and specific engine area at airplane alti-
tudes 1In excess of 35,000 feet and at alrplane speeds in excess of
= 1.3 can be decreased appreciably. IF¥ engine speed can be Increased
to bring the compressor to rated peripheral Mach number, the decrease
will be 20 percent or more at Mg = 2.0 and 35 percent or more at
My = 2.5. The increase in engine speed will require turbine cooling and
strengthening of the compressor. The speed increases for the weight
decreases given are 16 percent at Mg = 2.0 and 30 percent at M; = 2.5.

4. As girplane sgpeed 1s incressed above Mg = 1.3, performance of
the inlet air diffuser and of the exhaust nozzle become increasingly
important in relatlon to specific engine welght. Varisgble-geometry and
variable-ares inlets and varisble-area convergent-divergent exhaust noz-
zleg are required. The general principles involved in the design of
these devices have been the subject of much continuing research and
development. Simple and reliable mechanical designs are required.

~

SURECRET
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5. For short bursts of high thrust (that is, momentary decrease in
specific engine weight) petroleum fuels containing masgnesium sglurries
can be used. By using such fuel, a 40-percent increase in thrust mey be
obtalned. This increase is accompanied wlth a trebling of specific fuel
consumption and an increase of several hundred degrees 1ln afterburner
temperature. With respect to fuel consumption, rockete are a competitive
means of supplying this augmentation.

Engine Efficlency

1. Turbojet englne efficlency may be incressed sbout a quarter-fold
through improvements in component design, but the rate of improvement
will be relatively slow.

2. Witk efterburner englines, increasing turbine-inlet temperature
to 2000° or 2500° F will give about a 10-percent or somewvhat greater
increase in engine efficlency. This increzmse 1s accompanied by a some-
what lower decrease (depending on the quantity of cooling sir required)
in specifilc engine weight and frontal ares. Turbine-inlet temperatures
of 2000° F are probably feasible now, through use of turbine cooling.
Temperatures of 2500° F appear possible through additional research and

development;.

3. If turbine-inlet temperatures of 2500° F can be achieved, specific

welght of an nonafterburner engine in the My = 1.5 to Mg = 2.0 region
will equal Bpecific weight of an afterburner engine using current tem-
peratures. The nonafterburner engine will have an efficlency 50 percent
greater, but its gpecific frontel area willl be 20 percent greater.

Fuel Heat of Combustion

1. Heat of combustion of the fuel can be increased up to 50 percent
through use of boron-hydride fuels. The maejor problems to he overcome
in the production and use of such fuels are (a) they are generally ex-
tremely toxlc and are otherwise dangerous to handle, (b) they are expen-
sive to manufacture, and (¢} boric oxides in the combustlion products may
form so0lid deposlite which tend to adhere to the engine parts. All three
problems are being worked on extemsively. It appears that a fuel con-
silsting of hydroborons In chemical combilnation with hydrocarbons will
greatly lessen the toxicity and general handling problem and provide
a 40-percent heat of combustlon increase over current hydrocarbon fuel.
The cost of these fuels may determine the extent of their use.

3460
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2. Current petroleum fuel resources willl allow for aircraft opera-

tion to a value of about 3x10Ml pound thrust miles & day, under nationel
emergency conditions. This number includes turboprops and ram-jets as
well as turbojets.

Materials

Progress in regard to the materials of which the turbojet engine is
made is as follows:

Columblum and cobalt have been deleted from the engine to the extent
that production of these two elements no longer limits production of alr-
craft engines. o

In case of an all-out emergency, nickel and chromlum will probebly
1limit the rate of turbojet engine productlon. Current estimstes sre theat
in case of an all out emergency present methods could produce 70,000 to
100,000 engines per year over a S-year period. There is little reason
to expect that use of new materials will permit this figure to be in-
creased. More ajequste scrap control, however, might double this limit.

Current progress on the development of turbine-blade materisals that
wlll stand increases of more than 200° F in the turbine-inlet temperature
is slow, and successful solutions cannot be assured. However, an increase
of as much as 100° F in permissible material tempersture will have impor-
tant affects in increasing engine reliasbility, or in permitting higher
engine gtresses.

Lubrication

Provision of adequate lubrication for turbojet engines at stagnation
temperatures occurring at speeds in excess of My = 2.0 1s one of the
mejor difficulties to be overcome 1f such flights are to be feasible for
other than short bursts. Methods of providing this lubrication are not
now gpparent.
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APPENDIX - SYMBOILS

The followlng symbols sre used in this Teport:
area

afterburner

constant T
drag

dlameter

thrust

function a

fuel-eir ratio

accelerztion of gravity

heat of combustion

mechanical equivalent of heat

constant

lift

Mach number . T e Tl it I

average molecular welght of exhaust products
compressor revolutions per unilt time =

total pressure

pressure ratio i el

static pressure

range
gas constant for air

NACA RM 54H23

sea-~-level statlc

specific fuel consumption
total (stagnat
statlc temperature ) %éifﬁﬁb-
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W welght

W mass-flow rate

Ap pressure differential

Y ratio of specific heats

M efficiency

o} density

Subscripts:

a alrplane

gbs gbsolute

af airframe

alt altitude

axr air

av available gt the flight condition
ax axisl

Cc cruise

c compressor

e engine, Installed power plant
eng engine as supplied by mamifacturer
£ fuel

g gross

J Jet

m military

max  meximum permisgible

n annular
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o initial flight conditions
P propulsive

per peripheral
r ratio

sl sea level
TO take-off

th thermal

»

expansion
free-gtream
diffuser inlet
compressor inlet
compressor outlet
turbine inlet

afterburner

O M Bk N R O

nozzle exlt
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Figure 1. - Effect of cruise fuel quantity on radius of action.
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Fuels - Turbine Engines 3.4.3.2
Combustion - Turbine Engines 3.5.2.2
Compressors - Mixed Flow 3.6.1.3

Rothrock, Addison M.

TURBOJET PROPULSION-SYSTEM RESEARCH AND TEE RESULTING
EFFECTS ON ATRFLANE PERFORMANCE

Abstract

Airplane performance 1s analyzed to relate the effects of variations
in sirplane weight distribution, lift-drag ratlo, engine efficlency, spe-
cific weight, temperature limitations, and fuel heat of combustion.
Possible improvements in turbojet propulsion systems are discussed in
connection wlth research informstion available in these areas. Fuel
availability and the relation of critical materials to over-all engine
production is discussed.






